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The  results  of  the  analysis  of  the  50K  hot-firing  performance  data  obtained 
on  this  program  are  discussed  in  this  section.  The  objectives  of  this  analysis 
are  to  (l)  determine  the  injector  performance  obtained,  (2)  determine  the  effect 
on  performance  of  adding  supplemental  film  cooling,  (3)  establish  the  minimum  film 
cooling  required  to  adequately  cool  a  high-pressure  rocket  engine  and,  (4)  establish 
how  this  minimum  film  cooling  is  affected  by  the  thrust  chamber  pressure. 

Uncooled  and  cooled  chamber  performance  is  discussed  in  Section  VIII, A  and 
B,  respectively.  Included  are  methods  used  to  reduce  the  data,  corrections 
factors  applied  and  discussion  of  results.  Results  of  this  analysis  showed  that 
the  highest  injector  performance  recorded  was  97^  of  theoretical  c*  and  was 
achieved  with  the  transpiration  cooled,  swirl  tube  injector.  This  was  the  only 
test  on  this  injector  which  yielded  valid  steady-state  data.  The  majority  of 
testing  was  accomplished  using  tne  concentric-ring  injector.  Performance  measured 
on  this  injector  was  between  92  and  963?,  of  theoretical  c*  and  was  dependent  on 
mixture  ratio.  x<esults  of  film-cooled  testing  showed  performance  losses  were 
approximately  proportional  to  0.75  times  the  ratio  of  film-coolant  flow  rate  to 
injoctor  flow  rate  for  film  coolant  injected  in  the  thrust  chamber.  Greater 
_-.oses  resulted  when  the  film  coolant  was  injected  downstream  of  the  throat. 

An  analytical  model,  which  shows  the  effect  of  film  cooling  on  performance, 
is  presented  and  compared  with  film  cooled  test  data  in  Section  VIII, C.  It  is 
shown  that  this  model  can  generally  be  used  to  predict  performance  losses  resulting 
from  film  cooling.  The  film  cooling  data  obtained  is  compared  with  that  predicted 
by  a  mathematical  model  in  Section  VIII,D.  A  modified  Hatch  and  Pappel  relation¬ 
ship  is  used  in  this  analysis.  Although  the  temperatuxe  data  showed  a  rather  wide 
scatter,  fair  agreement  with  the  model  is  shown.  This  temperature  data  scatter 
resiated  from  nonuniform  distribution  of  film  cooling  in  the  chamber.  Consequently, 
relatively  large  quantities  of  film  cooling  were  required  and  theoretical  minimum 
film  cooling  could  not  be  demonstrated. 
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VIII,  Thrust  Chamber  Performance  (cont.) 

The  film  cooling  model  was  then  incorporated  into  an  anailysis  to  show  the 
effect  of  chamber  pressure  on  the  minimum  quantity  of  film  cooling  required. 

Results  of  this  analysis  showed  that  below  1170-psia  chaniber  pressure-  no  film 
cooling  is  required.  Above  this  pressure,  minimum  required  film  cooling  increases 
nesurly  linearly  to  approximately  4.0^  of  the  injector  flow  rate  at  3000  psia  chamber 
pressure  and  6.5^  of  the  injector  flow  rate  at  5000  psia  in  a  lOOK  thrust  chamber. 

A.  UNCOOLED  CHAMBER  PERFORMANCE 
1.  Methods  of  Analysis 

The  inirpose  of  the  uncooled  chamber  tests  was  to  develop  a  satis¬ 
factory  injector  prior  to  conducting  the  cooled  nozzle  tests.  Once  sin  acceptable 
injector  concept  was  selected,  the  uncooled  performance  as  a  function  of  mixture 
ratio  was  experimentally  determined.  Data  for  basic  injector  performance  as  a 
function  of  mixture  ratio  are  necessary  (l)  to  define  the  driving  force  temperature 
of  the  main-strean  gases  with  film  cooling  and  (2)  to  establish  a  basis  to  which 
the  film  cooling  effects  on  nozzle  performance  can  be  canpared. 

These  tests  were  conducted  with  an  ablative  chamber  and  nozzle 
which  are  both  described  in  detail  in  Section  XI.  The  problem  with  determining 
performance  for  this  type  of  nozzle  is  that  the  throat  area  varies  with  time 
throughout  the  test  duration.  In  these  tests  the  throat  area  was  assumed  to  vary 
linearily  with  time  frem  start  to  shutdown  and  an  average  throat  area  selected  at 
the  mean  time  over  which  valid  data  were  obtained. 

Performance  parameters  of  importance  in  these  tests  are  specific 
impulse  and  characteristic  velocity.  The  thrust  coefficients  for  the  nozzles 
tested  are  not  indicative  of  good  performance  because  of  the  large  losses  frem  flow 
divergence.  These  nozzles  are  truncated  sections  of  a  large  area  ratio  (6  =  l82:l) 
"Rao"  optimum  nozzle  and  the  exit  wall  angles  are  quite  large  at  the  l,ower  area 
ratios.  Hence  the  flow  exits  with  a  large  radial  component  resulting  in  a  signifi¬ 
cant  reduction  in  axial  thrust  efficiency. 
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VIII,  A,  Uncooled  Chamber  Performance  (cont.) 

Specific  Impulse  is  calculated  In  the  standard  manner  by  dividing  the 
measured  thrust  by  the  weight  flow.  Impulae  efficiency  is  then  obtained  by 
dividing  by  the  theoretical  specific  Impulse  as  obtali^d  frcm  the  Chemical  Compo¬ 
sition  Program  for  the  corresponding  test  conditions.  However,  vacuum  specific 
impulse  and  Ispulse  efficiency  is  essentially  independent  of  chamber  pressure, 

^ile  sea  level  values  are  not.  Hence,  to  eliminate  the  effect  of  chamber  pressure 
level  on  the  performance  comparison,  all  data  are  converted  to  vacuum  conditions. 
This  conversion  consists  of  adding  the  ambient  pressure  times  the  nozzle  exit  area 
to  the  sea-level  thrust.  The  theoretical  specific  impulse  for  determining  the 
impulse  efficiency  is  that  corresponding  to  the  8urea  ratio  of  the  nozzle  tested. 


Characteristic  velocity  for  the  uncooled  tests  is  calculated  by  two 
methods.  First  by  the  standard  technique  using  the  following  expression; 

..  ®c  Psn  ^t 

C.  .  - - - 

'^his  employs  a  measured  value  of  chamber  pressure  to  calculate  an  effective 
stagnation  pressure  for  the  nozzle  plus  the  measured  weight  flow  and  the  mean 
'  :rcat  area  to  calculate  characteristic  velocity.  Here  the  effective  stagnation 
pressure  depends  on  the  location  of  the  pressure  tap  in  the  chamber  and  the 
contraction  ratio  of  the  chamber.  A  second  method  for  computing  characteristic 
velocity  is  to  use  the  following; 


c* 


In  this  expression  the  tnrust  coefficient  in  the  denominator  is  determined  by 
subtracting  certain  theoretically  computed  losses  from  the  shifting  equilibrium 
thrust  coefficients.  Cemputed  losses  in  nozzle  thrust  include  (l)  divergence, 
(2)  shear  drag  along  the  nozzle  wall,  suid  (3)  real  gas  effects  due  to  incomplete 
combustion  in  the  chamber.  Each  of  these  losses  and  their  respective  methods  of 
calc’ilation  are  discussed  in  the  following  paragraphs . 
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VIII,  A,  Uncooled  Chamber  Performance  (cont.) 

Flow  Divergence 

This  loss  results  from  the  flow  leaving  the  nozzle  with  a  radial 
component  \rtiich  is  not  useful  for  producing  axial  thrust.  Its  effect  is  computed 
by  solving  for  the  flew  field  within  the  nozzle  using  the  method  of  character¬ 
istics  for  supersonic  flow.  Because  the  nozzle  tested  in  this  program  was  a 
truncated  segment  of  a  much  larger  nozzl^  divergence  losses  were  quite  high. 

In  fact,  the  initial  expansion  region  out  to  21:1  area  ratio  consist  of  a  conical 
section  of  35°  half-angle.  A  tabluation  of  the  loss  factors  for  the  different 
nozzle  geometrys  enco'untered  in  this  test  program  is  shown  below: 


Expansion  Ratio, 

£ 

(3 -dim) 
^fvac 

-  ( 1-dim) 

^fvac 

Divergence  Loss 

n  -  % 

4.5 

1.470 

1.637 

10.2 

8.3 

1.558 

1.733 

10.1 

21.0 

1.669 

1.841 

9.4 

70.0 

1.799 

1.939 

7.2 

183.0 

1.943 

1.943 

2.6 

Since  the  maximum  area  ratio 

tested  during 

the  uncooled  test 

series  was  approxi- 

mately  21:1,  the  flow  divergence  losses  were  quite  high,  on 

the  order  of  10^. 

This  is  by  far  the  biggest  loss  associated  with  the  thrust  efficiency  of  the 
nozzle  and  also  the  most  precisely  predicted  by  analytical  methods. 


Shear  Drag 

Viscous  effects  between  the  nozzle  wall  and  the  gaseous  boundary 
Xayer  result  in  a  shear  force  on  the  nozzle  wall  which  degrades  nozzle  thrust. 

An  empirical  approach  based  on  the  extended  Frankl-Voishel  analysis  was  used  to 
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obtain  friction  coefficients  for  the  configurations  tested.  The  results  showed 
that  drag  losses  Increased  with  area  ratio  as  follows: 


Expansion  Ratio, 

e 

Brag  Loss 

4.5 

.21 

8.3 

.33 

21.0 

.46 

70.0 

.69 

183.0 

.95 

Thus,  this  loss  accounted  for  less  than  0.516  reduction  in  thrust  efficiency  in 
the  uncocled  nozzle  configurations. 

R(rjl  Gas  Effects 


The  first  two  losses  factor  can  be  considered  as  essentiaL'.y 
independent  of  the  injector  combustion  efficiency.  Where  incomplete  combustion 
~\ists,  the  effect  is  to  reduce  both  c*  and  nozzle  thrust  efficiency.  The  effect 
cf  combustion  efficiency  on  the  nozzle  thrust  coefficient  may  be  seen  by  examining 
t^he  thermochemistry  of  the  combustion  products.  With  complete  combustion  there 
is  a  considerable  amount  cf  dissociated  species  in  the  chamber  which  combine  and 
add  heat  to  the  gas  stream  during  expansion.  Heat  release  from  the  recombination 
process  increases  the  effective  nozzle  performance  as  compared  to  a  nonequilibrium 
or  frozen  flow  process.  Incomplete  combustion  in  the  chamber  results  in  less 
dissociated  species  and  hence  less  heat  released  within  the  nozzle.  The  effect 
is  a  reduced  nozzle  thrust  efficiency  when  compeured  to  the  shifting  equilibrium 
performance  for  complete  combustion. 
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2.  Test  Data  Analysis 

Figures  VIlI-A-1,  2  and  3  show  the  degradation  in  nozzle  efficiency 
with  combustion  efficiency  for  NpO; /A-50  propellants  at  mixture  ratios  of  2.1 ;1, 
2.3:1,  and  2.6:1,  respectively.  These  data  were  obtained  by  running  the  chemical 
canposition  program  at  a  series  of  reduced  chamber  enthalpies.  The  results  show 
that  nozzle  thrust-losses  increase  with  decreased  combustion  efficiency  and 
increased  nozzle  area  ratio.  Because  this  loss  results  from  an  interaction  between 
combustion  efficiency  and  thrust  efficiency,  the  absolute  valx’e  for  each  case  must 
be  determined  by  a  trial  and  error  iteration  for  a  known  specific  impulse  efficiency. 

The  use  of  the  two  methods  for  computing  characteristic  velocity 
described  in  Section  VIII, A, 1,  above,  permits  an  independent  check  on  the  consis¬ 
tency  of  the  test  data.  Both  methods  should  show  relatively  close  agreement  (+  1^) 
in  these  uncooled  tests  and  discrepancies  greater  than  1^  are  indicative  of  errors 
in  the  test  data  or  the  interpolated  throat  area.  In  the  conventional  method  for 
determining  c*,  an  error  in  defining  the  throat  area  is  directly  proportional  to 
the  resulting  error  in  the  c*  calculated.  However,  with  the  second  method  just 
described  (using  thrust  and  C^),  the  throat  area  is  only  used  to  define  expansion 
ratio  for  the  theoretical  thrust  coefficient  and  any  error  in  the  throat  area 
interpolation  is  reduced  by  a  factor  of  about  six  to  eight  in  the  resulting  c^ 
calculation. 


Figure  VIiI-A-4  contains  a  tabulation  of  all  the  valid  ur.cooled 
chamber  test  results  obtained  in  this  program  with  the  Rigimesh-face  concentric- 
ring  and  transpiration-cooled  injectors.  The  first  eight  tests  in  this  tabulation 
were  conducted  with  concentric -ring  injector;  combustion  efficiency  was  about  92 
to  96'^  with  this  configuration.  The  three  tests  in  which  the  Drilled  L*  segment 
was  evaluated  are  included  in  this  tabulation.  Although  these  tests  were  part  of 
the  cooled  chamber  program,  the  performance  obtained  is  representative  of  un¬ 
cooled  chamber  performance,  since  the  L*  segment  was  regenerative ly  cooled  with 
no  film  cooling  except  the  small  amount  normally  supplied  by  the  injector  in  the 
uncooled  tests.  The  last  test  shown  in  the  figure  was  with  the  swirl  tube, 
transpiration-cooled  injector;  this  test  demonstrated  the  highest  c*  efficiency 
cbtained  in  the  program. 
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Specific  impulse  and  c*  efficiencies  as  a  function  of  mixture 
ratio  for  these  tests  are  shown  on  Figure  VIII -A-^.  The  largest  deviations  from 
the  mean  lines  drawn  through  the  test  data  were  on  Tests  -030  and  -03^.  These 
were  low  area-ratio  nozzles  (e  «  4.^:1),  where  the  specific  impulse  variation 
with  area  ratio  is  quite  steep.  These  small  errors  in  defining  the  mean  throat 
area  fcr  the  data  period  can  have  a  significant  effect  on  the  determination  of 
specific  impulse  efficiency.  At  higher  area  ratios,  this  effect  diminishes 
ccnsiderably. 


The  mean  line  through  the  test  data  shows  both  the  specific 
impulse  and  c*  efficiencies  increasing  with  injector  mixture  ratio.  While  the 
selection  of  this  line  is  someirtiat  arbitrary,  an  attempt  was  made  to  follow  the 
general  trend  of  the  data.  Use  will  be  made  of  the  mean  c*  trend  in  a  later 
section  for  defining  a  film  coding  model  to  describe  the  cooled  nozzle  test 
results . 
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B.  COOLED  CHAI4BER  PERFORMAMCE 

The  objective  cf  the  coded  chamber  tests  was  to  detennine  the  effect 
of  film  cooling  cn  TCA  perfcrmance.  One  of  the  problems  with  finding  performance 
results  with  film  cooling  is  the  difficulty  in  defining  an  effective  stagnation 
pressure  for  the  chamber.  There  is  strong  evidence  supporting  the  stand  that  the 
measured  chamber  pressure  cannot  be  converted  directly  to  stagnation  pressure  for 
a  film-cotjled  chamber.  Some  cf  the  reasons  for  this  are  that  (l)  heat  loss  to  the 
film  coding  tends  to  redice  stagnation  pressure  of  the  mainstream  gases  as  they 
approach  the  nozzle  throat,  and  (2)  it  is  likely  that  the  total  pressures  of  the 
film  coolant  and  mainstream  gases  differ  significantly,  thereby  making  it  difficult 
to  determine  a  mean  effective  pressure  for  the  combined  streams. 

Because  of  the  difficulties  in  evaluating  stagnation  pressure  with 
film  cooling,  characteristic  velocity  as  calculated  from  measured  chamber  pressure 
has  little  or  no  meaning  and  can  often  result  in  a  misinterpretation  of  the  test 
data.  The  only  meaningful  performance  parameter  then  is  specific  impulse,  which 
can,  of  course,  be  determined  from  thrust  and  weight  flow  alone.  Also,  it  is 
beneficial  to  determine  specific  impulse  efficiency  under  vacuum  conditions  to 
negate  the  dependence  on  effective  stagnation  pressure. 

A  tabulation  of  the  valid  cooled  chamber  performance  cbtained  in  this 
program  is  given  in  Figure  VIII -B-1.  Included  in  this  tabulation  are  reported 
values  for  both  characteristic  velocity  (c*)  and  c*  efficiency  based  on  measured 
chamber  pressures  in  each  test.  While  these  values  are  thought  to  be  inaccurate, 
as  explained  previously,  they  are  presented  for  comparison  with  film  cooling 
model  results  in  the  next  section.  Chairacteristic  velocity  as  calculated  herein 
includes  the  total  weight  flow  at  the  nozzle  throat,  whereas  specific  impulse 
includes  the  entire  TCA  weight  flow.  These  flow  rates  differ  by  the  amount  of 
film  cooling  introduced  downstream  of  the  nozzle  throat. 
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The  efficiencies  in  Figure  VIII-B-1  are  based  on  theoretical  values 
cf  specific  impulse  and  characteristic  velocity  at  the  injector  mixture  ratio 
conditions .  Injector  mixture  ratio  is  used  as  a  basis  rather  thaui  overall  mixture 
ratio  in  order  to  point  out  the  real  effects  of  film  cooling  on  TCA  performance. 

Use  of  overedl  mixture  ratio  as  a  basis  for  defining  theoretical  performance  will, 
for  the  most  part,  result  in  higher  reported  efficiencies,  but  this  is  not  a  true 
indication  of  the  performance  gains  that  could  be  attained  if  film  cooling  is 
reduced  or  eliminated  altogether. 

The  first  five  tests,  shown  on  Figure  VIII-B-1,  were  conducted  using 
a  low  area  ratio  nozzle  (®  =  8.3).  Performance  efficiency  results  for  these 
tests  are  significantly  lower  than  for  the  remainder  of  the  tests.  There  appears 
tt  be  nc  logical  reason  for  the  low  performance  in  these  tests;  one  explanation 
could  be  instrumentation  or  data  reduction  errors  in  connection  with  the  measured 
film  coding  flew  rates;  however,  it  is  unlikely  that  such  errors  would  be 
repeated  throughout  the  entire  test  series.  Another  possible  explanation  could 
be  that  some  portion  of  the  film  cooleint  escapes  from  the  nozzxe  prior  to  complete 
“vaporaticn .  The  cooling  added  downstream  of  the  throat  is  below  critical  pressure 
upon  injection  and  also  has  little  time  to  heat  sufficiently  to  vaporize  entirely. 
Tb.e  effect  of  this  would  be  to  lower  nozzle  performance  in  an  unpredictable  manner 
since  it  is  impossible  to  resolve  how  much  coolant  fails  to  vaporize  in  the  nozzle. 

Discrepancies  in  the  low  area-ratio  test  data  are  readily  apparent 
when  the  results  of  Tests  -012  and  -0l8  are  compared.  Both  tests  had  the  same 
percent  film  cooling  but  yielded  a  difference  ir.  measured  performance.  Some 
of  the  inconsistencies  in  the  test  results  can  be  more  easily  seen  on  a  plot  of 
specific  impulse  efficiency  as  shown  in  Figure  VIII -B-2.  Data  points  for  the 
8,3  *irea  ratio  tests  are  shown  as  circles  on  this  plot.  Since  injector  mixture 
ratio  was  almost  identical  in  these  tests,  performance  was  expected  to  decrease 
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uniformly  with  increased  percent  film  cooling.  Ffowever,  as  shown  on  Figure  VIII -B-2, 
the  performance  results  seem  to  vary  randomly,  and  therefore,  no  general  conclusions 
can  be  drawn  from  these  five  tests. 

The  remainder  of  the  cooled  tests  employed  a  nozzle  extension  with  an 
area  ratio  of  21,  except  Test  -029  which  had  an  extension  of  area  ratio  70.  Per¬ 
formance  results  for  these  tests  aire  also  shown  on  Figure  VIII-B-2.  All  data  at 
the  higher  area  ratios  seems  to  be  relatively  consistent  except  for  Test  -033.  The 
nozzle  throat  section  in  this  test  sustained  some  minor  erosion;  however,  an  attempt 
was  made  to  use  only  the  test  data  prior  to  the  time  when  erosion  occurred.  The 
results  indicate  that  either  erosion  had  started  within  the  test  period  or  the 
engine  performance  had  not  steadied  sufficiently  during  the  data  period. 

Test  -024  had  the  lowest  performance  of  the  higher  area-ratio  nozzles; 
however  it  also  operated  at  a  very  low  injector  mixture  ratio.  This  data  is 
realistic  since  basic  injector  performance  also  decreases  at  lower  mixture  ratios. 
Test  -036  yielded  the  highest  impulse  efficiency  of  the  cooled  nozzle  tests.  This 
chamber  used  only  11^  film  cooling,  with  no  film  cooling  downstream  of  the  nozzle 
throat.  It  showed  a  4,5^  increase  in  performance  over  that  of  Test  -021  for  a  6^ 
reduction  in  coolant  flows  between  the  two  tests. 

One  of  the  objectives  of  the  film  cooling  performance  investigation 
was  to  examine  the  effect  of  a  high  area-ratio  nozzle  on  performance  recovery 
through  coolant  afterburning  in  the  nozzle  exit  section.  If  a  significant  amount 
of  the  film  cooling  were  to  burn  in  the  nozzle,  its  effect  on  performance  would 
be  reflected  in  a  higher  nozzle  thrust  efficiencies  for  a  large  area  ratio  nozzle 
relative  to  a  lower  area  ratio.  Only  one  test  (Test  -O29)  was  conducted  with  the 
high  area-ratio  nozzle  extension  ( e  =  70) .  The  resulting  specific  impulse 
efficiency  in  this  test  was  definitely  higher  (about  3^)  than  the  21:1  area  ratio 
nozzles  at  approximately  the  same  percent  film  cooling  (Figure  ^^IIiB-2) .  However, 
part  of  this  variation  is  due  to  the  different  flow  divergence  loss  characteristics 
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between  the  two  configurations.  Ihe  21:1  area  ratio  nozzle  had  a  divergence  loss 
of  9.4^  compared  with  7.2^6  in  the  70:1  area  ratio  nozzle.  This  2.2^  difference 
in  flow  divergence  losses  should  be  evidenced  by  a  higher  efficiency  in  the  larger 
area-ratio  nozzle.  The  variation  between  the  experimental  difference  (about  3^6) 
and  the  flow  divergence  correction  (about  2.2^)  for  these  two  nozzles  is  probably 
within  the  accuracy  of  the  measuring  technique,  so  that  no  conclusions  can  be 
drawn  as  to  the  film  cooling  performance  recovery  in  high  area-ratio  nozzles. 
Ancther  reason  for  reaching  this  conclusion  is  that  in  the  high  eirea-ratio  nozzle 
test  (Test  -O29),  the  injector  mixture  ratio  was  2.73  and,  thus,  quite  oxidizer- 
rich.  It  would  be  almost  impossible  for  the  oxidizer  film  cooling  to  contact  any 
unburned  fuel  under  these  conditions,  so  that  afterburning  of  the  film  coolant  is 
questionable  for  this  test. 

A  further  appraisal  of  the  cooled  nozzle  test  results  is  presented 
in  the  next  section  which  discusses  the  film  cooling  model  for  predicting 
performance . 
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C .  FILM  COOLING  PERFORMANCE  CORRELATION 

A  study  was  conducted  to  establish  the  effect  of  film  cooling  on 
rocket  engine  performance.  As  part  of  the  study,  a  mathtmatical  model  which 
describes  the  effect  of  film  cooling  on  nozzle  performance  was  developed.  The 
application  of  this  model  to  the  test  data  of  the  High  Chamber  Pressure  Rocketry 
Program  (SiP^),  as  well  as  to  seme  of  the  data  from  the  Integrated  Components 
Program  (ICP),  Contract  AF  04(6ll)-8548,  is  discussed  in  Section  VIII ,C,1.  The 
mathematical  expressions  of  the  model  are  presented  in  Section  VIII ,C ,2. 

1,  Application  of  Performance  Correlation  Model 

The  performance  correlation  model  was  applied  to  experimental 
data  from  the  HiP^  Program  to  demonstrate  (l)  the  precision  to  which  performance 
can  be  predicted,  and  (2)  certain  limitations  associated  with  the  initial 
assumptions.  An  almost  identical  film  cooling  model  has  also  been  applied  to 
experimental  data  from  ICP.  The  only  difference  between  the  two  models  is  in 
the  calculation  of  film  coolant  total  temperature  at  the  nozzle  throat.  This 
difference  was  necessary  tc  account  for  the  fact  that  the  ICP  and  HiP^  chambers 
used  different  film  coolant  injection  techniques.  In  the  ICP  chamber,  coolant 
was  injected  parallel  to  the  nozzle  wall  at  one  location  (the  entrance  to  the 
convergence  section)  and  in  an  axial  direction.  Multiple  injection  stations 
were  used  in  the  HiP^  chamber  with  coolant  injection  tangential  to  the  wall  in 
a  swirled  motion  with  essentially  no  axial  component.  Differences  between  the 
heat  transfer  characteristics  associated  with  these  -,vo  cooling  techniques  are 
discussed  in  Section  VIII, D. 

The  mathematical  model  divides  the  performance  losses  into  two 
categories;  (l)  those  losses  which  are  independent  of  c*  efficiency,  3ind 
(2)  interacting  losses  which  affect  both  c*  and  nozzle  thrust  efficiency. 
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Interacting  losses  Include  both  film  cooling  and  Incomplete  combustion  as  they 
effect  performance,  while  nozzle  friction  and  flow  divergence  affect  only  the 
nozzle  thrust  efficiency.  With  both  factors  defined,  the  overall  specific 
Impulse  efficiency  for  a  given  nozzle  can  be  determined  as  follows: 

^  I  =  Hn  1 

s  T  X  c 

where  is  the  nozzle  thrust  efficiency,  and  includes  the  effects 

of  nozzle  friction,  flow  divergence,  film  cooling,  and 
Incomplete  combustion  on  the  actual  thrust  coefficient. 

is  the  characteristic  velocity  efficiency  which  includes 
Incomplete  combustion  at  the  Injector,  heat  lest  to  the 
film  coolant,  plus  the  film  coolant  mass  discharge  at 
the  nozzle  threat  conditions. 

The  parameters  defined  in  the  analysis  are  showr  .n  Figure  VIII-C-1. 
Beth  streai'is  are  expeinded  separately  in  static  presfcure  equj.liV.-.ium,  asr  no 

mixing  or  chemical  reaction.  Heat  transfer  from  the  mainstre.-’"  to  lilm 
coolant  is  considered  in  the  performance  model  upstream  of  the  throat,  but 
neglected  for  the  downstream  region. 

An  assumption  is  made  that  both  the  film  coolant  and  mainstream 
flows  are  at  sonic  speed  conditions  in  the  nozzle  throat.  This  permits  calculation 
of  the  effective  flow  area  for  each  gas  stream  and  a  mean  effective  characteristic 
velocity.  The  model  also  computes  an  effective  stagnation  pressure  for  the 
combined  flows  as  well  as  different  stagnation  pressures  for  both  the  film 
coolant  and  mainstream.  Effective  stagnation  pressures  computed  by  the  model 
differ  considerably  from  measured  chamber  pressure  with  film  cooling.  However 
this  should  be  anti-ipated  since  measured  chamber  pressures  with  film  cooling 
often  result  in  misinterpreted  experimental  characteristic  velocity  values. 
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Additional  details  of  the  mathematical  model  are  given  in  Section 
VIII,  C-2.  The  model  was  applied  to  five  sets  of  i>erformance  data  corresponding 
to  Tests  -0l4,  -023,  -027,  -029,  and  -O36.  A  comparison  between  the  experimented, 
performance  for  these  tests  and  that  predicted  by  the  coolant  model  is  given  in 
Figure  VIII-C-2.  The  parameter  of  interest  in  this  comparison  is  the  specific 
impulse  since  little  correlation  is  anticipated  for  c*  or  chamber  pressure 
because  of  the  effects  of  film  cooling  on  stagnation  pressure.  Examining  the 
difference  between  predicted  and  experimented,  specific  impulse  values  on  this 
tabulation  shows  a  maximum  difference  of  3.2^  obtained  in  Test  -0l4.  HoweArer, 
as  discussed  in  Section  VIII ,B,  the  low  eirea-ratio  nozzles  (C  =  8.3)  had  much 
lower  performance  than  anticipated.  Neglecting  this  test,  the  model  predicted 
specif i<”  impulse  satisfactorily  in  the  remaining  tests  used  in  the  comparison. 
Differences  between  predicted  and  experimental  performance  ranged  from  0.1^  in 
Test  -036  to  1.8^  in  Test  -027.  Since  the  test  that  showed  the  best  agreement 
between  predicted  and  experimented,  performance  used  no  film  cooling  downstream 
of  the  nozzle  throat,  there  could  be  some  questions  raised  concerning  the  method 
for  handling  the  downstream  film  coolant  in  the  mathematical  model.  However, 

Test  -029  had  film  coolant  downstream  of  the  throat  included  in  the  performance 
prediction  with  only  a  0.4^  difference  from  that  obtained  experimentally. 

Figure  VIII-C-2  alco  includes  the  experimental  and  predicted 
characteristic  velocities  for  these  tests.  Little  can  be  generalized  from  a  c* 
comparison  since  the  predicted  values  are  higher  in  two  tests  and  lower  in  three 
tests  over  that  obtained  experimentally. 

The  effect  of  film  cooling  and  incomplete  combustion  on  the 
nozzle  thrust  efficiency  is  also  shown  in  this  tabulation.  Nozzle  losses 
ranged  from  1.8^  for  Test  -O36  to  5*85^  in  Test  -0l4.  The  relatively  low  value 
for  Test  -O36  as  compared  with  the  other  four  test  results  from  no  film  cooling 
addition  downstream  of  the  throat  section.  Another  parameter  for  comparison  is 
the  effective  characteristic  velocity  efficiency  (t]^)  as  a  function  of  percent 
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film  cooling.  This  parameter  varied  from  0.828  to  0.894  for  23  to  11^  film 
cooling,  respectively.  The  general  trend  is  toward  increased  c*  efficiency 
with  decreased  film  cr  rling.  These  effects  illustrate,  in  general.,  the 
degradation  in  performance  associated  with  film  cooling  and  point  out  the 
relatively  severe  penalty  paid  for  adding  film  cooling  to  the  downstream  section 
of  the  nozzle. 


Three  film  cooling  tests  were  conducted  as  part  of  the  Integrated 
Components  Program  (Contract  AF  04(6ll)-8348) .  Performance  results  and  a  com¬ 
parison  with  the  film  cooling  model  are  shown  for  these  tests  in  Figure  VIII -C-3. 
Predicted  performance  agreed  quite  favorably  (0.2^)  with  that  obtained  experi¬ 
mentally  in  Test  1.2-05-WAM-024.  The  other  Tests  (Tests  -025  and  -027)  showed 
relatively  poor  correlation.  However  the  experimental  data  for  these  three  tests 
appear  to  be  inconsistent.  Test  -025  had  l4.8^  film  cooling  and  delivered  U  sec 
less  specific  impulse  than  Test  -024  with  17.5^t  film  cooling.  In  Test  -027  the 
film  cooling  is  almost  half  of  that  used  in  Test  -024  and  the  performance  increase 
was  only  3>5  sec.  Because  of  the  inconsistencies  in  the  ICP  test  data,  it  is 
impossible  to  state  categoricailly  that  the  film  cooling  model  correlates  with  the 
experimental  data. 

Additional  comparisons  can  also  be  made  from  the  data  on 
Figure  VIII-C-3.  For  insteui^e,  the  predicted  c*  with  film  cooling  was  Gd.ways 
lower  than  that  obtained  experimentally,  with  the  difference  increasing  at  the 
higher  film  cooling  flows.  The  characteristic  velocity  efficiency  showed  the 
same  general  trend  as  the  HiP^  data  as  a  decreased  efficiency  with  increased 
film  cooling. 


Some  general  conclusions  can  be  made  from  a  comparison  of  the 
ICP  and  HiP^  data.  First,  the  c*  efficiencies  for  the  film  cooling  model  sire 
higher  for  the  ICP  chamber  for  identical  film  cooling  flow  rates.  This  is  shown 
in  Figure  VIII -C -4,  where  c*  efficiency  Is  plotted  as  a  function  of  percent 
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film  cooling  for  both  the  ICP  and  HiP^  tests.  The  percent  film  cooling  used  here 
refers  to  conditions  at  the  nczzle  throat,  and  the  c*  efficiency  is  that  caicu- 
lated  by  the  film  cooling  model.  A  comparison  can  be  made  on  this  basis  since 
the  uncooled  injector  performance  in  both  test  series  was  almost  identical.  The 
differences  shown  amount  to  about  1.3^  at  higher  coolant  flows  and  steadily 
decrease  as  coolant  flow  is  reduced.  In  addition,  during  the  HiP^  tests  where 
coolant  was  injected  downstream  of  the  throat,  the  increased  nczzle  loss  attribut¬ 
able  to  the  coolant  is  abc.it  3  to  4^.  Hence  the  multiple  injection  scheme  used 
in  the  HiP^  chamber  result.s  in  sane  performance  disadvantages  over  mere  conventional 
methods  of  film  cooling.  However,  this  technique  may  be  more  efficient  from  a 
beat  transfer  standpoint,  therefore  requiring  less  cooling  and  tending  to  make 
the  performance  compsurable. 


Film-Cooling  ffodel 


a.  Assumptions 


(1)  One -dimensional  gas  flow  with  heat  exchange  between 
streams  up  to  the  nozzle  throat. 

(2)  Static  pressure  equilibrium  between  streams. 

(3)  No  mixing  or  combustion  of  the  film  coolant. 


b.  Calculations 


(l)  The  first  step  is  to  compute  the  temperature  of  the 
film  coolant  at  the  nozzle  throat  plane.  This  can  be  found  by  using  the  relation¬ 
ships  established  in  Section  VIII, D  for  computing  the  film-cooling  effectiveness 
for  heat  transfer .  Coolant  temperature  calculated  by  the  resulting  equations  is 
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VIII,  C,  Film  Cooling  Performance  Correlation  (cont.) 

the  adiabatic  vail  or  recovery  temperature.  In  this  case,  it  is  also  assuned  to 
be  the  coolant  stagnation  temperature  (vhlch  vould  be  exact  if  the  Prandtl  nuiaber 
equalled  one)  to  sim|d.lfy  to  the  ccmputatlon. 


found  as  follows: 


(2)  The  heat  absorbed  by  the  film  coolant  can  then  be 


L 


C 

fc  pc 


(Te 

throat 


) 


Heat  absorbed  by  the  coolant  reduces  the  mainstream  total  enthalpy  by  the  following: 


Mainstream  total  enthalpy  reduction  effects  both  the  characteristic  velocity  and 
the  nozzle  thrust  coefficient  for  a  real  gas. 


(3)  Incomplete  co&bustion  by  an  injector  also  results  ir 
a  reduced  chamber  enthalpy.  The  magnitude  of  this  effect  must  be  determir*'* 
testing  tne  engine  without  film  cooling  by  using  an  ablative  nozzle.  Preferably, 
tcs  uncooled  tests  should  be  conducted  ever  a  range  of  injector  mixture  ratios 
so  that  the  effect  of  basic  Injector  performance  can  be  included  in  optimizing 
film-ccoled  performeince .  For  instance,  if  the  basic  injector  performance  is 
relatively  constant  with  mixture  ratio,  then  the  injector  should  be  operated 
close  to  stoichiometric  for  maximum  performance  with  film  cooling  (for  a  storable 
propellant  system).  If  injector  performance  decreases  as  mixture  ratio  increases, 
the  optimum  performance  with  film  cooling  is  obtained  by  running  the  injector  below 
stoichiometric  conditions. 


The  uncooled  injector  performance  is  employed  in  the 
film  cooling  model  on  the  basis  of  =  2.1:1,  N20^/A-50  propellants,  and. 

P^  =  2770  psia.  Figure  VIII-A-1  shows  the  effect  of  reduced  chamber  enthalpy 
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VIII,  C,  Film  Cooling  Performance  Correlaticn  (cont,) 

cn  the  veurious  performance  efficijnciee.  For  a  c*  efficiency  corresponding  to 
the  uncooled  injector  performance,  the  reduced  chamber  enthalpy  for  incomplete 
combustion  of  the  propellants  is  given  on  the  abscissa  of  Figure  VIII-A-1, 


The  total  reduction  in  mainstream  enthalpy  to  the 
nozzle  threat  is  tho.i  a  sum  of  that  absorbed  by  the  film  coolant  plus  the  baaic 
injector  iraLie  as  de;ermined  by  the  c*  efficiency  without  film  coolant.  F„’cai  the 
total  reduced  enthalpy,  a  c*  effici*  ■y  for  the  mainstream  gas  is  found  by  again 
referring  to  Figar=‘  VIII-A-1.  This  is  then  used  to  determine  the  effective  c* 
of  the  mainstream  as  follcv- 

c*  .  =  n  X  c*  , 

main  c  ideal 

where  iw  derived  from  Figure  VIII-A-1,  and  is  the 

value  ascribed  by  the  computer  program  to  100%  com¬ 
bustion  of  the  injector  propellants. 


(4)  The  next  step  is  to  calculate  an  effective  c*  for  the 
film-coolant  stream.  Here  an-assumpticn  is  made  that  the  film  coolant  is  at 
Mach  1  at  the  nozzle  threat.  The  previous  assumption  that  both  streams  are  in 
static  pressure  equilibrium  also  applies.  Knowing  the  total  temperature,  • 
molecular  weight,  and  ratio  of  specific  heats  for  the  film  coolant,  the  velocity 
at  Mach  1  is 


2  gc  Y  R 

throat 


which  is  then  used  to  determine  the  film  cooling  characteristic  velocity  in  the 
following  equation 

Y 


J!£. 

Y  ^  2 
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VIII,  C,  Film  Cooling  Performance  Correlation  (cont.) 


computed  from: 


(d)  Then  a  stagnation  pressure  for  the  coolant  is 


c*  W- 
fc  fc 


gc  A* 


fc 


(e)  Static  pressure  at  the  throat  is  computed  from 
the  critical  pressure  ratio  cf  the  mainstream  Eind  the  assumed  stagnation. pressure 
(step  (a)). 


(f)  A  static  pressure  is  slLso  csLLculated  for  the  film 
coolant  at  throat  conditions  from: 


Y 

P  .  p  ^ 

^C 


and  when  the  static  pressures  in  both  streams  are  equal,  the  assumed  stagnation 
pressure  for  the  mainstream  is  correct . 


(7)  This  step  can  be  eliminated  when  no  film  cooling  is 
added  downstream  of  throat.  Adding  film  coolant  requires  a  new  heat  and  momentum 
bsLisu’ce.  , 


(a)  Heat  Balance 

w  T  =w  T  +  A*  T.  . 

Total  o2  fc  ol  fc  inj 

(b)  Momentum  Balance  (constant  pressure  injection) 

w  V  =  tJ  V+tJ  V 

Total  T  fc  1  fc  inj 
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VIII,  C,  Film  Cooling  Performance  Correlation  (cont.) 

(c)  Static  temperature,  Mach  number ,  and  a  stagnation 
pressure  are  then  computed  for  the  combined  film  coolant  streams. 

If  the  film  coolant  is  added  too  far  downstream, 
the  injection  conditions  should  be  recomputed  at  each  point.  To  simplify  the 
calculations  employed  here,  it  is  assumed  that  all  film  coolant  downstream  of  the 
throat  is  added  to  the  flow  at  the  throat  conditions^ 


(8)  Next,  assume  an  exit  static  pressure  for  the  nozzle 
and  expand  both  streams  to  this  pressure. 

(a)  tiainstream 


For  the  mainstream  pressure  ratio  specified,  the 
exit  density  and  velocity  are  found  from  a  plot  of  the  chemiceul  composition  values 
as  a  function  of  reduced  chamber  enthalpy.  These  are  used  to  find  the  mainstream 
exit  area  as  follows: 


(b)  Film  Coolant 

The  pressure  ratio  of  the  film  coolant  is  used  to 
calculate  the  exit  Mach  number  for  this  stream  by  solving; 


(1  + 


Y-1 

2 


M^) 

e' 


Y/  Y  -1 
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VIII,  C,  Film  Cooling  Performance  Correlation  (cont.) 


This  can  then  be  used  to  calculate  the  exit  density  and  velocity  of  the  coolant 
as  well  as  the  coolers fc  exit  area: 


Summing  the  exit  area  of  both  streams,  a  comparison  is  then  made  with  the  total 
exit  area  of  the  nozzle.  Significant  errors  in  the  total  area  comparison  make 
it  necessary  to  assume  a  new  exit  static  pressure  and  start  this  step  over. 


(9)  Thrust  and  specific  impulse  for  vacuum  conditions  are 
then  computed  as  follows: 


(a)  Thixist 


F 

vac 


w  Ve  Ve- 

_ S  +  fc  fc  ^  p  ^ 

gc  gc  e  e 


(b)  Specific  Impulse 


r  vac 

L  ” 

s  w.  .  , 
vac  total 


This  can  then  be  used  to  calculate  the  specific  impulse  efficiency  of  the  nozzle 
with  film  cooling; 

I 

^  _  vac  (calculated) 

^s  (theoretical) 

■vac  ...  .rn 
at  inj  MR 


and  similarly  the  characteristic  velocity  efficiency: 


T) 


c 


eff  (calculated) 
c*  (theoretical) 
at  inj  MR 
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Then  combining  the  above  two  efficiencies,  it  is  possible  to  celculate  the  nozzle 
thrust  efficiency; 


^T  ■  ^c/% 

'  s 

This  value  of  the  nozzle  thrust  efficiency  includes  only  the  losses  associated 
with  incom|d£te  combustion  at  the  injector  and  the  f5Jjt;  coolant  addition.  Other 
losses,  such  as  flow  divergence  associated  with  the  nozzle  geometry  and  shear 
drag  along  the  nozzle  wall  must  be  added  to  arrive  at  an  overall  nozzle  thrust 
efficiency.  Each  of  these  losses  is  assumed  to  be  additive  since  they  are 
calculated  separately,  neglecting  any  interactions  that  mi^t  occur.  Once  an 
overall  thrust  efficiency  is  determined^  en  overall  specific  impul.se  efficiency 
can  be  found  by; 

%  ^T 
s 

and  the  predicted  specific  impulse  with  film  cooling  determined  by; 

^  (theoretical) 

I  vac  at  inj  MR 

s  • 
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Chamber  Performance 
D.  '  EFFECnVEMESS  OF  FIIM  COOLING 

The  film  cooled  convergent  and  throat  segment  was  designed  to  study 
the  effect  of  film  cooling  on  TCA  performance.  Thermocouples  were  placed  within 
the  nozzle  walls  between  film  coolant  injection  station  to  measure  the  wall 
temperature  emC  thus  permit  adjustment  of  the  coolant  flows  in  each  channel,  as 
required  by  the  temperature  limits  of  the  metal  wall.  This  temperature  data  was 
analyzed  to  determine  the  effectiveness  of  this  method  of  film  cooling  for  pro¬ 
tecting  the  nozzle  wall. 


Oxidizer  film  cooling  was  used  in  these  tests.  The  coolant  injec¬ 
tion  design  incorporates  l8  sepeurate  coolant  pessages  spaced  approximately  0.75 
in.  apart  axially  along  the  nozzle  wall.  Coolant  is  injected  peripherally 
through  several  holes  spaced  evenly  around  the  nozzle  wall  in  an  atten^jt  to 
obtain  uniform  coolant  distribution.  Because  this  is  a  new  concept  in  film 
cooling,  there  is  no  previous  analysis  to  draw  upon  vdiich  adequately  describes 
the  heat  transfer  phenomena.  The  temperature  data  for  several  of  these  tests 
was  plotted  and  is  presented  in  Section  VII. 

I 

A  modified  Hatch  and  Papell  equation  was  used  to  analyze  this  data. 
This  equation  was  derived  using  data  from  the  ICP  Contract,  AF  04(6ll)-8548, 
and  was  further  modified  to  account  for  the  unique  film  coolant  inspection 
method  used  in  the  Hi  Pc  program.  Therefore,  the  deviation  of  this  equation 
from  the  basic  Hatch  and  lapell  relationship  using  ICP  data  as  well  as  Hi  Pc 
data  is  presented. 


Film  cooled  chamber  testing  on  ICP  was  conducted  using  an 
film  cooled  ablative  nozzle.  Film  cooling  was  injected  in  an  axial  direction 
through  a  series  of  ports  located  just  upstream  of  the  nozzle  convergence 
section.  In  these  tests,  thermocouples  were  placed  within  the  nozzle  wall 
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flush  with  the  hot  surface.  These  thermocouples  registered  the  adiabatic  wall 
temperature  with  film  cooling.  Test  data  from  ICP  was  then  correlated  to  a 
modified  Hatch  and  Papell  equation. 

1.  ICP  Film  Cooling  Analysis 

The  basic  Hatch  and  Papell  (Ref  l)  correlation  was  empirically 
derived  from  experimental  tests  using  a  flat  plate  with  coolant  injected  from 
a  slot,  tangential  to  the  mainstream  flow.  In  their  tests  the  mainstream  flow 
was  uniform  over  the  entire  test  section.  Their  final  correlating  equation  is 
as  follows: 


T  ,  -  T 
ad  w 

T  ,  -  T 
ad  c 


-[5 


hLx 


=  n  =  e 


fc  ^pc 


-  0.041 


init. 


fsv  \ 

^1  1 

J  1 

a  c  1 

\  / 

■<-a 

the  al 

0.125 


as  a  function  of  length  (x)  and  temperature  being  defined  at  slot  inlet  conditions. 
Ire  first  term  of  the  exponential  comes  ft:om  a  heat  balance  across  the  boundary 
-i>i.,ween  the  coolant  and  mainstream.  In.  a  rocket  nozzle  the  heat  trEUisfer  coeffi- 
. lent  (h)  and  film  cooled  width  (L)  are  a  function  of  distance  from  the  injection 
Slot  (x).  Therefore  this  variation  should  be  included  in  the  above  esqiression 
'■men  applied  to  rocket  nozzles.  This  can  be  done  by  expressing  these  terms  as  a 
’anction  of  length  prior  to  integrating  the  heat  balance  equation  or  by  employing 
r '■"s.n  values  over  the  cooled  length.  Also,  with  supercritical  coolant  the 
specific  heat  varies  significantly  with  temperature;  this  should  also  be  considered. 
If  the  latter  effect  is  neglected,  then  the  advantages  of  the  endothermic  decomposi¬ 
tion  of  film  coolant  are  not  shown  by  the  calculations. 
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Lucas  6uid  Golliiday  (Ref  2)  showed  they  cculd  correlate  data 
from  a  low-pressure  rocket  motor  with  JP-4/oxygen  propellants  and  a  nonreactive 
coolant  (nitrogen)  by  including  just  the  variation  in  heat-tremsfer  coefficient 
with  cooled  length.  They  alho  found  chat  the  constant  0.04  in  the  first  term 
of  the  exponential  was  much  smaller  than  originally  obtained  by  Ifeitch  and  Papell. 
This  constant  comes  from  an  appro:/ imatlon  of  the  distance  required  downstream 
from  the  injection  slot  before  iny  heat  can  pass  through  the  coolant  film  and 
raise  the  wall  temperature,  fn  Ref  2  they  indicated  that  radiant  heat- transfer 
would  influence  the  value  of  This  constant  and  that  0.04  should  be  used  with 
convective  heat- transfer  alone.  Data  from  the  ICP  tests  seems  to  correlate  quite 
well  by  simply  neglecting  shis  constant  altogether,  which  is  the  same  as  saying 
that  the  adiabatic  wall  temperature  begins  to  rise  immediately  downstream  of 
the  injection  slot.  At  the  high  pressures  and  temperatures  obtained  in  these 
tests  this  is  a  logical  assumption. 

As  a  result  of  the  preceding  discussion  the  following  deviation 
is  offered  as  a  better  means  for  describing  film  cooling  in  a  rocket  nozzle  with 
a  reactive  coolant.  This  model  is  based  on  a  heat  balance  over  an  increment  of 
cooled  area  in  the  nozzle. 
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The  heat  balance  for  an  adiabatic  vail  la  as  follows: 


Y  (''ad-  =  "f  '=p  “ 


c  ^c 


where: 


A  =  IT  dx 
c 


emd  the  heat  transfer  coefficient  can  be  expressed: 


S  D 

c 


where:  DB  is  the  Dittus-Boelter  coefficient  which  includes  all  constants  and 
transport  properties  associated  with  the  dimensionless  Nusselt  relationship. 
Thus  the  heat  balance  can  be  expressed  as  follows: 


°init 


Integrating  for  mean  values  of  the 
yields; 


irDB 


-  T 
_ w 

-  T 

‘^init 


=  e 
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pc 


coolant  specific  heat  and  the  DB  coefficient 

0.8  "" 


For  a  conical  chamber  and  nozzle  the  chamber  diameter  can  readily  be  expressed  as 
a  function  of  length  and  the  integral  in  the  exponential  evaluated. 
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The  remaining  terms  in  the  exponental  expression  developed  by 

&tch  and  Papell  were  derived  empirically  by  a  best-fit  to  their  experimental 

data.  Hie  first  of  these  terms  is  the  dimensionless  parameter  SV  / 01  .  This 

6  c 

parameter  correlated  all  their  data  at  a  velocity  ratio  (Vg/^  )of  one.  This  can 
be  interpreted  as  a  form  of  the  Peclet  number  which  is  a  ratio  of  the  inertial 
force  to  the  heat-diffusion  flux  for  the  coolant.  The  parameter,  S,  in  this 
expression  is  the  effective  slot  width  of  the  coolant.  Papell  (Ref  3)  showed 
that  S  could  be  defined  for  a  series  of  circular  injection  ports  as  the  total 
coolant  flow  area  divided  by  the  width  of  the  cooled  section.  As  applied  to 
the  ICP  tests,  this  becomes: 


S  = 


P. 


inj 


where:  A  is  the  area  of  each  injection  port,  D  is  the  chamber  diameter  at 
P  c 

the  coolant  injection  station. 


The  second  empirical  relationship  developed  by  Hatch  and 
Papell  was  used  to  correlate  their  data  for  a  wide  range  of  velocity  ratio 
conditions.  The  necessity  of  this  correction  is  attributable  to  the  increased 
mixing  that  takes  place  when  the  velocities  are  unequal.  This  relation  is  as 
follows : 
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V  ,  V 

f(^)  =  1  +  0.4  Tan"^  -  1) 


for  ^  5  1.0 
c 


or 


y  1-5  (V'^g 

f(^)  -  (ip) 

c  g 


for  1.0 


The  correlating  parameters  of  Hatch  and  Papell  are  em-aated  a^  Injection  slot 
conditions,  and  as  such  do  not  vary  with  film  cooled  length.  It  'tmalns  to  be  seen 
whether  this  will  hold  true  for  a  rocket  nozzle. 

Use  of  the  revised  heat  balance  esqpresslon  and  the  correlating  para¬ 
meters  yields  the  following  equation  for  the  film  cooling  effective  vjss,  T)  : 


-  _  o  fl  * 
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'^fc  Cpc  **  D 

-  o  c 


& 

OC 
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The  ICP  thermocouple  data  from  tests  -024,  -025,  and  -027  are  compared  to  the  above 
correlating  expression  as  shown  on  Figures  VIII -D-1,  -2,  and  -3.  These  plots  show 
the  film  cooling  effectiveness  (t])  as  a  function  of  the  parameters  involved  on 
semilog  coordinates  where  the  straight  line  represents  the  above  expression.  The 
data  agrees  quite  closely  with  that  predicted  through  the  convergent  section  and 
up  to  the  nozzle  throat.  Beyond  the  nozzle  throat  there  is  very  little  agreement 
oetween  the  experimental  and  predicted  codling  effectiveness  with  the  experimental 
being  considerable  higher.  Lucas  and  Golladay  observed  this  same  effect  when 
attempting  a  similar  correlatlcm  of  film  cooling  results.  They  feit  that  this 
might  be  due  to  the  film  coolant  mixing  with  the  mainstream  and  forming  a  buffer 
layer.  Then  the  driving  force  to  the  film  coolant  should  be  the  lower  bulk 
temperature  of  the  buffer  layer,  and  this  is  used  in  defining  the  effectiveness. 
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Regardless  of  what  causes  this  effect  it  is  believed  that  what  is 
seen  here  exists  and  that  some  attempt  should  be  made  to  include  this  in  the  overall 
correlation  of  the  data.  One  simple  approach  would  be  to  assume  that  the  film- 
cooling  effectiveness  is  constant  at  the  throat  value  for  all  locations  downstream 
of  the  nozzle  throat.  This  is  shown  as  a  dashed  line  on  Figures  VIII -D-1,  -2,  and  -3. 
When  compared  to  the  experimental  data  plotted  in  this  region,  it  still  yields  a 
conservative  estimate  of  the  adiabatic  wall  temperature  to  overcool  the  nozzle 
exit  section. 


The  preceding  discussion  establishes  the  premise  that  a  modified 
form  of  the  Hatch  and  Papell  equation  can  be  used  to  describe  NgOj^  film  cooling 
in  a  high-pressure  rocket  engine.  The  next  section  will  describe  what  changes  are 
necessary  to  apply  the  modified  expression  to  the  type  of  film  cooling  employed 
in  the  HlPc  tests. 

2.  HiPc  Film  Cooling  Analysis 

The  basic  form  of  the  modified  Ifatch  and  Papell  relation  derived 
from  the  ICP  experience  also  applies  to  the  HiPc  data  with  specific  variations 
in  the  latter  two  empirical  terms  to  account  for  different  Injection  conditions. 
This  relation  as  it  applies  to  the  HiPc  film  cooling  conditions  is  as  follows: 
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With  the  type  of  coolant  Injection  used  in  the  HiPc  tests  the  coolant  velocity  in 
the  axial  directions  is  essentially  zero.  This  effects  the  last  term  of  the  above 
expression  which  is  in  its  expanded  form: 

f(^)  =  1  +  O.k  tan“^  -  1) 
c  c 
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As  coolant  velocity  decreases  toward  zero,  the  arc  tangent  term  approaches  ir/2 
(the  angle  whose  tangent  Is  Infinite);  thus  In  the  limit  the  entire  expression 
becomes  1.628.  The  other  limit  of  this  expression  Is  reached  when  the  coolant  axial 
velocity  Is  equal  to  the  mainstream  gas  velocity  idiere  this  term  Is  unity.  Ibe 
lower  limit  of  this  term  results  In  the  highest  film  cooling  effectiveness  or, 
conversely,  the  injection  mechanism  used  in  the  HlPc  tests  has  the  lowest  film 
cooling  efficiency  because  of  mixing  problems.  The  reason  Is  that  equal  velocities 
between  film  coolant  and  mainstream  gas  minimizes  mixing  between  the  two  streams, 
while  a  large  velocity  gradient  promotes  mixing. 

The  other  term  that  requires  special  consideration  with  the  ffl.Pc 

Injection  conditions  Is  the  effective  slot  width  (S)  times  the  mainstream  gas 

velocity  (V  )  at  injection  inlet.  These  have  to  be  confuted  Independently  at  each 
6 

station  and  a  summation  made  with  all  previous  values  to  find  the  overall  effective 
value. 


•  Use  of  the  modified  Hatch  and  Papell  expression  as  just  described 
necessitates  a  new  heat  balance  be  i)erformed  at  each  inje  itlon  station.  In  this 
wiy  a  mean  coolant  initial  temperature  is  calculated  by  summing  the  heat  content 
>om  all  previous  stations  with  that  of  the  station  being  calculated.  Detailed 
calculations  were  made  for  two  of  the  HiPc  test  cases  corresponding  to  Tests  -027 
and  -036,  and  the  results  are  shown  on  Figures  VIII -D-4  and  -5.  Calculated  wall 
temperatures  appears  as  saw-toothed  lines  on  these  plots.  The  upper  lines  assume 
complete  mixing  of  coolant  with  previous  film  coolant  at  the  injection  station. 

This  line  represents  a  maximum  temperature  expected  as  calculated  by  the  film 
cooling  relation.  The  lower  line  assumes  mixing  takes  place  linearly  between  stations 
with  the  wall  temperature  equal  to  the  coolant  inlet  temperature  at  the  injection 
point.  This  represents  a  lower  limit  of  predicted  wall  temperatures. 

Measured  wall  temijeratures  during  these  tests  are  also  shown  on 
Figures  VIII -D-U  and  -5  for  these  steady-state  values.  In  most  cases  these  tempera¬ 
tures  were  approximated  since  firing  durations  were  too  short  to  fully  attain 
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steady-state  conditions.  Thermocouples  were  located  midway  between  each  injection 
station  as  shown  in  the  plotted  data.  Most  of  the  experimental  temperature  data 
falls  wi.thin  the  limits  predicted  by  the  film  cooling  relation.  The  film  cooling 
calculations  assume  a  uniform  distribution  of  coolant  around  the  periphery  of  the 
nozzle  wall.  Some  measured  temperatures  are  significantly  higher  or  lower  than 
the  mean  predicted  values.  This  undoubtedly  is  a  result  of  poor  film  cooling 
distribution.  If  injector  streaking  had  been  a  problem  in  these  tests,  a  regular 
temperature  i)attem  would  have  resulted  for  all  thermocouples  along  same  radially 
line.  For  instance,  thermocouple  No.  7  on  Figure  VIII registered  quite  a 
high  temperature;  however,  both  No.  2  and  No.  12  registered  normal  temperatures. 
Actually,  the  concentric-ring  injector  used  in  these  tests  was  not  expected  to 
cause  streaking  if  properly  aligned,  and  based  on  the  wall  temperature  patterns 
in  the  nozzle,  no  streaking  occurred. 

An  ablative  nozzle  extension  with  eight  thermocouples  Imbedded 
in  the  wall  was  employed  in  Test  -O36.  These  thermocouples  were  used  to  measure 
the  adiabatic  wall  temperatures  in  the  nozzle  exit  section  with  film  cooling. 
Steady-state  temperature  data  is  included  on  Figure  VIII -D- 5*  These  temperatures 
are  much  lower  than  those  predicted  by  the  modified  Hatch  and  Papell  relation 
similar  to  the  ICP  test  experience  described  earlier.  While  a  constant  effective¬ 
ness  at  the  throat  would  not  fit  this  data  as  it  does  the  ICP  test  results,  an 
empirical  correlation  could  be  made  to  the  HiPc  results. 

The  overall  comparison  between  the  experimental  film  cooling  data 
and  the  modified  Hatch  and  Papell  rela^nion  indicates  relatively  good  agreement  such 
that  the  method  described  should  be  sufficiently  accurate  to  use  for  design  puipioses. 
Also,  by  more  careful  design  with  respect  to  coolant  flows  and  injection  port 
location,  some  additional  reduction  in  film  cooling  requirements  appears  possible 
based  on  the  empirical  method  outlined.  The  most  significant  problem  area  is  the 
difficulty  in  obtaining  uniform  film  cooling  distribution.  This  could  probably 
be  corrected  with  some  more  basic  testing  of  the  distribution  channels  in  a  cold 
air  fixture  vrtiere  Just  the  flow  details  are  Investigated. 
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Dittus-Boetter  coefficient 
Chamber  diameter 
Specific  heat 

Mainstream  heat  transfer  coefficient 

Coolant  width  or  chamber  circumference  at  injection  location 
Coolant  slot  height 

Mainstream  adiabatic  wall  (recovery)  temperature 

Coolant  temperature 

Wall  temperature 

Coolant  temperature 

Mainstream  gas  velocity 

Film  coolant  flow  rate 

Mainstream  flow  rate 

Axial  distance  from  coolant  slot  exit 

Coolant  thermal  diffubivity 

Cooling  effectiveness 


1 

I 

I 
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VIII,  Thrust  Chamber  Perfomance  (cont.) 

E.  EFFECT  OF  CHAMBER  PRESSURE  07  REQUIRED  FlUf  COOLING 

1.  Introduction 

The  objective  of  this  study  was  to  establish  the  quantity  of 
film  coolant  required  to  cool  a  high-performance  thrust  chamber  as  a  function 
of  chamber  pressure.  The  ultimate  use  of  this  study  is  to  establish  thrust 
chamber  specific  impulse  as  a  function  of  chamber  pressure  for  use  in  determining 
the  optimum  chamber  pressure  for  a  rocket  engine  in  the  Final  System  Studies 
(see  Section  X) .  The  resultant  curve  showing  film  cooling  flow  rate  as  a  function 
of  chamber  pressure  is  presented  in  Figure  VIII -E-1. 

2.  Approach 

The  amount  of  film  cooling  required  to  adequately  cool  a  thrust 
chamber  depends  upon  idiat  other  type  of  cooling,  such  as  regenerative  cooling, 
may  be  used.  In  addition,  allowable  chamber  wall  temperature,  thrust,  L*,  basic 
geometry,  and  the  manner  in  idiich  the  film  coolant  is  injected,  all  effect  the 
amount  of  film  cooling  that  is  required.  Therefore,  it  was  necessary  to  establish 
certain  constraints  in  these  areas  so  that  a  unique  solution  would  result.  These 
constraints  were  established  on  the  basis  of  best  knowledge  and  latest  technology 
available  from  this  and  other  programs  such  as  ICF  or  that  show  the  reasonable 
promise  of  being  available  for  use  in  a  high-pressure  rocket  engine.  These  are 
discussed  below. 


a .  Thrust 

A  thrust  level  of  100,000-lb  per  thrust  chamber  was  selected 
for  the  Advanced  Storable  Engine,  currently  beginning  development  under  Contract 
AF  04(6i1)-10830.  Therefore  the  lOOK-lb  thrust  level  was  used  in  this  study. 
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b.  Chamber  Construction 

The  thrust  chamber  is  regeneratively  cooled,  supplemented 
by  film  cooling.  Tube  walls  are  of  Inconel  718  and  are  approximately  0.020-in. 
thick.  A  thermal  barrier  composed  of  8^^,  12^  Zr02,  3^  Si  is  used  to  increase 
the  allowable  gas-side  wall  temperature  to  3900°R.  Maximum  al lovable  outside  wall 
temperature  for  the  Inconel  718  tubes  is  2100°R. 

c.  Film  Coolant  Injection  Considerations 

There  sire  numerable  methods  of  injecting  film  coolant  in 
a  chamber.  In  the  HiPc  program,  multiple-slot  injection  was  used.  In  ICP, 
injection  at  a  plane  at  the  beginning  of  the  convergent  nozzle  was  used.  Both 
methods  offer  practical  means  of  introducing  the  film  coolant.  However  in  a 
regeneratively  cooled  chamber,  the  multiple-slot  injection  is  difficult  to  apply. 
Therefore  film  cooling  injected  at  two  locations  in  the  chamber  was  selected:  one 
at  the  injector  face  and  the  other  at  the  beginning  of  the  convergent  portion  of 
the  nozzle.  was  the  film  coolant  used. 

d.  Chamber  Geometry 

For  this  study,  the  configuration  shown  in  Figure  VIII -E-2 
was  used.  A  contraction  ratio  of  four  was  selected  because  this  results  in 
reasonably  shaped  combustion  chambers  within  conventional  ranges  of  characteristic 
length  (L*)  from  30  to  50  in.  A  convergent  hedf -angle  (6)  of  15°  was  selected. 
Using  this  half -angle  and  a  contraction  ratio  of  four  results  in  an  L*  of 
approximately  20  in.  in  the  convergent  section  at  chamber  .'essures  of  interesj. 

An  L*  of  25  in.  was  assumed  for  the  cylindrical  section,  which  gave  an  overall 
L*  of  45  in. 
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e.  Regenerative  Cooling  Heat  Flux 

The  amount  of  heat  that  can  be  absorbed  by  the  regenerative 

coolant  Is  limited  by  the  available  pressure  drop  for  the  coolant  Jacket  and  the 

design  of  thrust  chamber.  Although  the  precise  determination  of  this  heat  flux 

limit  requires  extensive  analysis,  experience  shows  the  limit  of  a  chamber  of  the 

type  describe i.  If  the  coolant  Jacket  pressure  drop  is  to  be  maintained  below 

lOOC  psi  (a  reasonable  upper  limit  value  for  a  high-pressure  engine),  then  the 

2 

maximum  allowable  heet  flux  Is  approximately  1?  Btu/ln.  sec  at  the  throat  and 

2 

is  approximately  15  Btu/ln.  sec  in  the  chamber.  These  values  were  used  in  this 
study.  Heat  flux  in  excess  of  this  amount  must  be  absorbed  by  the  film  coolant. 

f .  Film  Cooling  Model 

The  film  cooling  model  used  was  the  modified  Hatch  and 
Papell  relationship  described  in  Section  VIII, D, 

g.  Analysis 

The  analysis  is  presented  in  four  parts.  First  a  general 
expression  which  describes  the  amount  of  film  cooling  required  as  a  funcbion 
of  dependent  variables  is  derived.  Second,  each  dependent  variable  is  analyzed 
and  reduced  to  its  dependency  on  pressure  alone  for  the  conditions  in  the  con¬ 
vergent  portion  of  the  chamber.  Third,  a  similar  analysis  is  conducted  for  the 
cylindrical  portion  of  the  chamber.  Fourth,  the  terms  derived  in  the  second  and 
third  steps  are  incorporatea  in  the  general  film-cooling  expression,  and  equations 
are  derived  that  describe  the  amount  of  film  cooling  required  to  cool  the  cylindrical 
and  convergent  portions  of  the  chamber. 
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VIII,  E,  Effect  of  Chamber  Pressure  on  Required  Film  Cooling  (cont.) 


(l)  Derivation  of  Film  Cooling  Equation 


A  heat  balance  between  the  film  coolant  and  the  wall 


St  '  Wa 


(Eq  1) 


From  the  definition  of  Dittus  Boelter  coefficient, 
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in  a  rocket  thrust  chamber 


(Eq  2) 
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(Eq  3) 


!Ihe  coolant  temperature  can  be  established  from  the  modified  Hatch  and  Papell 
equation  described  in  Section  VIII, D. 
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(Eq  4) 


where: 


Tcin  is  film  coolant  inlet  temperature. 
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Substituting  Eq  3  into  4  yields 
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(Eq  5) 


Solving  this  equation  for 
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(Eq  6) 


This  general  equation  can  be  used  to  calculate  the  required  film  cooling  if 
gas  properties,  coolant  properties,  chamber  pressure,  film  coolant  injection  design, 
chamber  design,  and  temperature  conditions  are  known.  Consequently  the  solution 
of  this  equation  in  terms  of  pressure  requires  that  conditions  regarding  all  other 
independent  variables  be  established.  This  restricts  the  application  of  any  solution 
of  tl'is  equation  in  terms  of  pressure  alone  to  the  design  constraints  already 
discussed  and  elaborated  on  below.  The  solution  presented  is  applicable  to  the 
engine  assumed  for  the  Final  System  Studies  only.  However,  by  defining  the  independent 
variable  in  terms  of  pressure  for  any  chamber  type,  similar  equations  can  be  derived 
from  Eq  6  for  other  design  concepts,  propellants,  coolants,  and  thrust  levels. 
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(2)  Solution  of  General  Equation  for  Convergent  Region 
Each  term  of  this  equation  will  now  be  solved  as  a 

function  of  P  as  follows: 
c 


(a)  The  practical  limit  of  heat  flux  is  given. 

0^  =  17  Btu/in.^  sec. 

(b)  if  —  The  thrust  chamber  flow  rate  is  used  here. 
The  analysis  will  be  performed  for  a  constant  sea-level  thrust  of  100,000  lb. 
Therefore  w  =  350  Ib/sec  (l  =  286  sec). 

(■=) 

— can  be  related  to  pressure  as  follows: 


is  evaluated  at  the  plane  where  the  temperature  is  to  be  established;  in  this 
case  it  is  at  the  throat.  Therefore,  ~  ®t’  ^t  '^m  related  through 
the  c*  equation. 


c*  = 
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4  ifl 


(Eq  7) 
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also 
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which  solves  for  ❖  as  follows 
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Substituting  Eq  8  into  7  and  solving  for  yields 


Equations  8  and  9  are  used  to  solve 


.8 


for  if 


XT 


12.8 


p0.9p0.1 

c  ^ 


(Eq  9) 


(Eq  10) 


For  97^(  combustion  efficiency 

c*  =  0.97  X  5700  =  55^  ft/sec. 

For  reasonable  nozzle'  designs,  Cj,  varies  from  I.63  at  1000  psia  to  1.795  at 
5000  psia,  varies  frcm  I.05  at  1000  psia  P^  to  I.06  »»t  5000  psia. 

IHierefore  1.055  is  used  for  C^^ 

..8 

4.27  x10-3  P°-9  (Eqll) 

jjX.O  c 

c 

(d)  is  6231‘’R  for  N^Oj^  AeroZINE  50  propellant. 

(e)  is  3900®R  for  the  thermal  barrier  assumed. 
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VIII,  E,  Effect  of  Chamber  Pressure  on  Required  Film  Cooling  (cont.) 


Ljjjj  is  related  to  throu^  the  following  equation  (refer  to  Figure  VIII-E-2). 

■  -D. 

_  cc  t 

^CN  “  2  tan  © 


and  for  a  contraction  ratio  of  P 


^CN  “  ®cc 


1-  1 


2  tan  9 


Substituting  this  equation  into  Eq  12, 


X  j 

/dx 


-  -  Jl_ 

dx  _  p.l  0.2 
^0.8  “  0.4  sin  9  “cc 
^CN 


(Eq  13) 


Values  of  P  and  9  of  4  and  15",  respectively,  were  selected  as  representative  of 
common  thj’ust  chamber  design  practice 
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(Eq  14) 


Eq  l4  can  be  wi'itter  in  terms  of  D. 
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D.  can  be  expressed  sis  a  function  of  P  throu^  the  c*  equation 
t  c 


4  c*  V  _  277 


(Eq  16) 


for  the  conditions  in  these  chambers. 


Substituting  this  into  Eq  15  yields. 


(Eq  17) 
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is  insensitive  to  changes 


in  pressure.  Therefore  this  was  evsduated  at  2800  psi  and  used  as  a  constsint. 


=  5.27 


(3)  Solution  of  General  Equation  for  Cylindrical  Region 


(a)  0^  =  15  is  given  (paragraph  VIII. E  2. e) 


(b)  w^  =  350  (same  as  throat) 


/  \  .  .8 
(=) 


j-0  The  same  general  equation  applies  as 


was  used  in  the  throat  region,  except  that  now  is  the  chamber  diameter  instead 
of  the  throat  diameter,  therefore. 
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VUI,  £,  Effect  of  Chamber  Pressure  on  Required  Film  Cooling  (cont.) 


4.27 


X  10"^x 


fVP) 


X 


P  = 


4 


=  1.22  X  10"^  P 

D 

c 


(Eq  18) 


(d)  =  6231“R 

(e)  =  3900*R 

(f)  = 


(g)  DB  —  Heat  transfer  coefficients  were  increased 

to  higher  than  those  resulting  from  a  simple  Bartz  equation  in  the  cylindri¬ 
cal  portion  of  the  combustion  chamber  to  account  for  turbulence  in  the  combustion 
zone.  This  is  reflected  in  this  analysis  by  increasing  the  DB  number  by  1.5  for 
both  the  main  gas  stream  and  the  film  coolant.  Therefore,  DB  =  3  x  10  . 

(h)  DB^^  =  1.88  X  10"^ 

(i)  =  .330 


(o)  r*  ^ 


/CLX 

- ^0  In  the  cylindrical  portion  of  the 

^c 


chamber,  D  is  not  a  function  of  x.  Therefore 
c 
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VIII,  E,  Effect  of  Chamber  Pressure  on  Required  Film  Cooling  (cont.) 


(Eq  19) 


where  x  is  the  length  of  the  cylindrical  i>ortion  of  the  chamber.  Riis  is  established 
from  the  L*  of  20. 


L*  =  = 


_  ^  =  X  =  6.25  in.  (  p  =  4) 
P 


(Eq  20) 


From  Eq  16 


-t  .  (e,i6) 


D  .VTszi-  =  12*^ 

cc  p  .5  P  .5 
c  c 


(Eq  a) 


Combining  Eq  20  and  21  into  Eq  I9  gives 


J  °i* 


=  -0397  P 


.4 


(Eq  22) 


convergent  region.  ) 


(k) 


/SV 


vl25 


dCj 


V 

c 


=  5.27  (same  as  for 
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VIII,  E,  Effect  of  Chamber  Pressure  on  Required  Film  Cooling  (cont.) 

(4)  Solution  of  General  Equation 

Eq  6  represents  the  amount  of  film  cooling  required  to 
maintain  a  given  wall  teiiq>erature  in  a  regeneratively  cooled  chamber.  Careful 
examination  reveals  that  when 

<’^ad  «« 

no  film  cooling  is  required.  Since  these  terms  can  be  expressed  as  a  function  of 
pressure,  there  is  a  chamber  pressure  below  which  film  cooling  is  not  necessary. 
This  pressvire  can  be  calculated  by  substitution  of  the  appropriate  terms  from 
sections  (2)  and  (3)  above  for  the  convergent  and  cylindrical  portion  of  the 
chamber,  respectively. 

For  the  convergent  region,  this  expression  reduces  to 

18.7  X  10"^  <  17 

<  1930  psia 

and  below  1930  psia,  no  film  cooling  is  required.  However,  if  no  film  cooling 
is  applied,  then  DB  should  replace  in  Eq  23  to  establish  whether  the 
regenerative  tubes  can  carry  away  the  heat  from  the  main  stream  boundary  layer. 
Tlie  DB  number  then  is  increased  from  .00125  to  .002,  and  substitution  in  Eq  23 
yields 


30.1  X  lO'^P^'^  <  17 

P^  <  1170  psia 
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VIII,  E,  Effect  of  Chamber  Pressure  on  Required  Film  Cooling  (cont.) 

Similarly,  in  the  cylindrical  portion  of  the  chamber,  use  of  =  1.88  x  10*^ 
in  Eq  23  yields 

8.05  X  10 <  15 

P  <  4300  psia 
c 

Use  of  DB  =  3  X  10  ^  in  Eq  23  yields 
12.9  X  10"^  p  -9  <  15 
Pj.  <  2550 

for  no  film  cooling  required. 

There  is,  then,  a  range  in  pressures  over  which  a  rigorous  analytical  solution 
of  Eq  6  will  not  be  practical.  To  gain  better  understanding  of  the  differences  in¬ 
volved,  Eq  6  was  solved  using  Doth  DB  numbers  for  both  the  convergent  and  cylindrical 
portion  ctf  the  chamber.  These  equations  are  presented  below. 

(a)  Convergent  Region,  DB  =  1.25  x  10~^,  (film  cool- 

‘‘9 

45.2  X  10"^P  24) 

18.7  X  lo'^  P^'^  -  17 

(b)  Convergent  Region,  DB  =  2  x  10~^,  (main  stream 

properties) 
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VIII,  E,  Effect  of  Chamber  Pressure  on  Required  Film  Cooling  (cont.) 


49  P' 


,-.l 


FC 


72.4  X  10"^ 


(Eq  25) 


In- 


30.1  X  10'^  P^‘^  -  17 


(c)  Cylindrical  Re^^ion,  DB  =  1.88  x  10  ^ ,  (film  coolant 


properties) 


.6:53  P 


.4 


w. 


19.4  X  10'^  P^’^ 

In 


(Eq  26) 


8.05  X  10"^  P  -15 


.0 

(d)  Cylindrical  Region,  DB  =  3  x  10  (main  stream 


properties) 


.653  P. 


.4 


w. 


FC 


31  X  lO"^  P 

c 

12.9  X  10“2  P^’^-  15 


(Eq  27) 


In 


Eq  24  through  27  are  plotted  as  dotted  lines  on 
Figures  VIII-E-3  and  -4  to  show  a  comparison  between  film  coolants  calculated  using 
heat-transier  coefficients  for  the  main  stream  and  film  coolant.  Examination  of 
these  curves  reveals  that  the  film  coolant  required  rises  sharply  initially  and 
then  more  gradually  as  chamber  pressure  is  increased.  This  indicates  that  a  certain 
amount  of  film  cooling  is  required  to  just  wet  the  wall  and  establish  a  fluid  boundary 
consisting  chiefly  of  film  coolant.  Thus,  the  flection  of  the  curve  indicates  a 
change  in  film  properties.  At  film  coolant  flow  rates  above  this  flection,  the 
boundary  layer  consists  of  film  coolant,  and  film  coolant  properties  apply.  Therefore 


Page  VIII-49 

CONFIDENTIAL 


CONFIDENTML 


T 

I 

-4 


Book  Two 

VIII,  E,  Effect  of  Chamber  Pressure  on  Required  Film  Cooling  (cont.) 

Eq  2’  oi.j.  26  apply  in  this  region.  At  film-coolant  flow  rates  below  the  flection, 
chamber  gases  are  mixed  in  and  cooled  down  by  the  film  coolant,  and  the  boundary 
layer  properties  approach  those  of  the  main  stream  as  the  film  coolant  approaches 
zero.  In  this  region,  the  film  cooling  required  lies  somewhere  between  the  two 
curves.  Film  cooling  required  in  this  region  was  estimated  by  connecting  a  straight- 
line  tangent  to  the  curve  based  on  film  coolant  heat-transfer  coefficient  and  by 
intersecting  the  point  at  which  no  film  cooling  is  needed  using  the  main-stream 
heat -transfer  coefficient.  The  resultsint  curves  are  shown  plotted  as  solid  lines 
on  Figures  VIII-E-3  and  -U.  The  totail  film  cooling  required  in  the  chamber  was 
then  determined  by  adding  the  flows  required  on  Figures  VIII-E-3  and  -4  and  are 
shown  plotted  on  Figure  VIII-E-1.  Figure  VIII-E-l  was  used  in  the  final  systems 
studies . 
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VIII,  E,  Effect  of  Chamber  Pressure  on  Required  Film  Cooling  (cont.) 


h 

N 

h 

g 

T 


DB 

DB 


fc 


DB_ 


m 


w 


m 


T  . 

cm 

c* 

A. 


cc 


CN 


P 

D. 


2 

Heat  flux  to  the  V’all,  Btu/in.  -sec 

2 

Heat-transfer  coefficient,  Btu/in.  -sec 
Heat-transfer  coefficient  of  film  coolar.t 

Heat -transfer  coefficient  of  main  stream  gas 
Coolant  temperature  at  the  station  of  interest,  ®R 
Wall  temperature,  “R 
Adiabatic  weill  temperature,  “R 
Dittus  Boelter  coefficient 

Dittus  Boelter  coefficient  for  the  film  coolant 
Dittus  Boelter  coefficient  for  the  main  flow 

Main  stream  gas  flow  rate,  Ib/sec 
Chamber  diameter  at  any  station 

Correction  factor  to  account  for  two-dimensional  heat  transfer  in 
tube  walls  1.5 

Film  coolant  inlet  temperature,  ®R 

Characteristic  velocity  of  the  main  stream,  ft/sec 

2 

Thrust  chamber  throat  area,  in. 

Thrust  chamber  pressure,  psia 

Gravity  constant  =  32.2  ft/sec 

Thrust,  lb 

Thrust  coefficient 

Diameter  at  cylindrical  section  of  the  combiistion  chamber,  in. 

Convergent  nozzle  length,  in. 

Chamber  contraction  ratio 
Throat  diameter,  in. 


>»  If 
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^  -  REDUCED  CHAMBER  ENTHALPT 

Real  Gas  Effects  on  the  Performance  Efficiency — MR  =  2.1 


Figure  VIII-A-1 
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Real  Gas  Effects  on  the  Performance  Efficiency _ MR  =  2.3 


Figure  VIII-A-2 
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Test  No. 

1 

o 

o 

ON 

-007 

-006 

-009 

-010 

-030 

-031 

-03)* 

-038 

Injector  Type 

Chariber  L* 

Mod  V 

100  ^ 

Mod  VI 

ModVII 

HodVII 

Mod  f- 

Mod 

vni 

Trans. 

Cooled 

injector 

100 

VIII 

Chamber  Pressure 

2833 

2997 

2931 

2782 

2869 

2573 

21*56 

21*75 

305*. 

Thrust,  Sea  Level 

li9,102 

53,515 

U6,610 

1*5,975 

39,678 

36,792 

38,1*21 

1*3,1*79 

1*6,316 

Thrust,  Vacuum 

52,2li2 

56,655 

U9,705 

1*9,070 

1*0,339 

37,1*55 

39,081* 

U6,56i 

1*9,391 

Throat  Area 

U.li8 

12.0 

10.32 

10.91 

9.90 

10.39 

11.08 

12.25 

10.06 

Exit  Area 

211.0 

2U.0 

2U.0 

211.0 

1*5.1 

1*5.1 

1*5.1 

209.6 

209.6 

Area  Ratio 

18.6 

17.8 

20.5 

19.1* 

1*.55 

1*.3 

l*.l 

17.1 

20.8 

Injector  Weight  Flow  196.1 

215. U 

182.9 

180.2 

171.1* 

162.8 

161*. 8 

178.5 

173.2 

Injector  Ilixture 
Ratio 

1.82 

2.07 

2.35 

2.52 

2.1*3 

2.23 

2.1 

2.15 

1.  Experimental 
Performance 
a.  Vacuum  Ig 

266.3 

275.8 

272.0 

272.3 

235.1* 

\ 

230.5 

237.5 

260.8 

285.3 

b.  cti)  -  ^  ■ 

-  !;3l45 

5115 

5235 

5300 

51^ 

5280 

5310 

51*65 

5710 

C.  ct2)  -  ^(F.vr) 

5390 

5U70 

5310 

5335 

5115 

5060 

521*0 

5210 

5530 

2.  Theoretical 
Performance 

a.  Vacuum  I, 

b.  C* 

326.5 

5300 

327.5 

5752 

325 

5625 

319.3 

551*7 

282.1* 

5528 

283.0 

5588 

286.2 

5682 

326.6 

5738 

330.7 

5717 

3.  Calculated 
iifficiencies 

0.815 

0.8U2 

0.837 

0.853 

0.831* 

0.315 

0.S30 

0.799 

0.863 

"^cd) 

0.922 

0.9U7 

0.9li0 

0.955 

0.937 

0.91*5 

0.931* 

} 

0.953 

0.999 

?c(2) 

0.930 

0.952 

0.91*6 

0.961 

0.926 

0.906  . 

0.922 

0.909 

0.967 

Uncooled  TCA  Test  Data  (u) 
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Te«t  No.  -012  -0l4  -015  -017  -0l8  -021  -023  -024  -025  -027  -029  -033  -036 

Injector  Type  Mod  -  > 

VIII  VIII 


Chamber  L* 

100 

^100 

Chaiid)er  Pressure 

2955 

2990 

3052 

3007 

2946 

3054 

2686 

2304 

2749 

2609 

2532 

2615 

2651 

Thrust,  Sea  Level 

42,547 

42,384 

43,164 

43,265 

42,505 

45,629 

40,  U9 

33.795 

40.983 

38,413 

33,234 

38,752 

39.683 

Thrust,  Vacuum 

43,640 

43,577 

44,357 

44,458 

43,698 

48,669 

43,159 

36,835 

44,023 

41,453 

■43,354 

41,845 

42,579 

Throat  Area 

9.80 

9.80 

9.80 

9.80 

9-80 

9.88 

9.88 

9.88 

9.88 

9.88 

9.88 

9.88 

9.56 

Exit  Area 

8l.l 

81.1 

81.1 

81.1 

81.1 

207.0 

207.0 

207,0 

207  0 

207.0 

691.0 

210.4 

197.0 

Area  Ratio 

8.28 

8.28 

8.28 

3.28 

8.28 

21.1 

21,1 

21.1 

21.1 

21.1 

70.0 

21.3 

20.6 

Injector  Weight 
Flow 

163.8 

167.9 

175.6 

165.0 

174.7 

173.5 

142.1 

145.9 

146.7 

145,2 

i4o.5 

156.5 

148.3 

Throat  Weight 

Flow 

203.5 

206.8 

210.7 

210.3 

213.3 

202.9 

175.3 

174.3 

178.8 

172.1 

169.4 

186.0 

166.7 

TCA  Weight  Flow 

210.4 

221.1 

217.5 

222.9 

224.1 

209.2 

184.5 

180.5 

180.5 

185.7 

178.5 

189.6 

166.7 

Injector  Mixture 
Ratio 

2.24 

2.29 

2.28 

2.25 

2.18 

2.43 

2.15 

1.59 

2.22 

2.32 

2.73 

2.64 

2.42 

Throat  Mixture 
Ratio 

3.02 

3.09 

2.91 

3.15 

2.88 

3.01 

2.88 

2.09 

2.92 

3.02 

3.51 

3.33 

2.85 

TCA  Mixture  Ratio 

3.16 

3.33 

3.06 

3.38 

3.07 

3.13 

3.08 

2.22 

3.08 

3.16 

3.62 

3.41 

2.85 

Film  Cooling 

Weight  Flow 

46.6 

53.2 

41.9 

57.9 

49.4 

35.7 

42.4 

34.6 

39.0 

36.0 

34.3 

33.1 

18.4 

Percent  Film 
Coding 

1.  Experimental 
Performance 

22.1 

24.1 

19.3 

26.0 

22.1 

17.1 

23.0 

19.2 

21,0 

20.2 

19.6 

V 

17.5 

U.O 

a.  Vacuum  1^ 

207.4 

197.6 

203.9 

199.5 

195.0 

233.0 

234,3 

204,0 

237.0 

232.6 

247.8 

220.4 

255.3 

b.  C*,  Chamber 

2.  Theoretical. 
Performanr e 

4585 

4465 

4565 

4515 

4360 

4770 

4875 

4210 

4895 

4810 

4760 

4475 

4890 

a-  Is (vac)  at 
MBinj 

308.2 

307.1 

307.5 

308.0 

309.4 

323.4 

331-0 

322.7 

330.0 

327.1 

330.1 

316.4 

323.3 

b.  C*  at  MRi„j 

3.  Calculated 
Efficiencies 

5676 

5652 

5660 

5672 

5703 

5588 

5719 

5787 

5685 

5639 

5450 

5475 

5595 

a.  '■>  at  MRinj 

0.673 

0.643 

0.663 

0.648 

0.630 

0.721 

0.707 

0.633 

0.718 

0.712 

0.751 

0.697 

0.766 

b.Ho  at  MRinj 

0.808 

0.791 

0.807 

0.797 

0.764 

0.856 

0.352 

0.728 

0.862 

0.852 

0.873 

0.817 

0.874 

Cooled  ICA  Test  Data  (u) 
Figure  VIII-B-1 
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Test  No. 

-014 

-L'23 

-027 

-029 

-036 

€ 

8.3:1 

21:1 

21:1 

70:1 

20.6:1 

2.29 

2.15 

2.32 

2.73 

2.42 

^®theo 

307.1 

331.0 

327.1 

330.9 

323.1 

C*theo 

5650 

5717 

5639 

5450 

5593 

24.1^ 

23^ 

20.2,^ 

19.6% 

11.0^ 

total 

A*  Nozzle  Efficiency 

Geometric  Loss 

10.04 

9.33 

9.33 

7.13 

9.33 

Drag  Loss 

0.33 

0.47 

0.47 

0.69 

0.47 

F.C.  +  Comb  Loss 

5.80 

5.60 

4.40 

4.40 

1.8 

Total  Losses 

16.17 

15.40 

14.20 

12.22 

11.60 

> 

0.838 

0.846 

0.858 

0.878 

0.884 

B.  Characteristic  Velocity  Efficiency 

(comb  +  f.c.) 

0.831 

0.828 

0.845 

0.049 

0.094 

C»  Specific  Impulse  Efficiency 

0.696 

0.70 

0.725 

0.746 

0.79 

D.  Performance 

213.7 

232 

236.8 

246.8 

255.0 

^®exp. (vacuum) 

197.3 

234.3 

232.6 

247.0 

255.3 

%  Difference 

3.2 

1.0 

1.0 

0.4 

0.1 

^  pred 

4690 

4740 

4765 

4620 

5000 

•'^exp 

4465 

4875 

4810 

4760 

4090 

P""pred 

3105  psia  2620  psia 

2590  psia 

2470  psia 

2705  psia 

^"exp 

2990  psia  2606  psia 

2609  psia 

2532  psia 

2651  psia 

Comparison  of  Film-Cooling  Model  with  Experimental  Data— HiPc  Tests  (u) 


Figure  VIII-C-2 
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Test  No. 

-02U 

-02^ 

-027 

£ 

16.6:1 

16.8 

16.8 

MR.  , 

®theo 

2.08 

2.06 

2.21 

326.3 

326.2 

325.6 

r* 

^  theo 

?7U8 

5756 

5689 

"fo/^ 

"total 

111. 8^ 

9.U^ 

A.  Nozzle  Efficiency 

Geometric  Loss 

1.7 

1.7 

1.7 

Drag  Loss 

0.9 

0.9 

0.9 

F.C.  +  Comb  Loss 

2.0 

1.9 

2.2 

Total  Losses 

l:.6 

li.? 

I1.8 

7t 

0.9?li 

0.95? 

0.952 

\ 

B.  Characteristic  Velocity  Efficiency 

(coirto  +  f.c.) 

0.360 

0.877 

0.912 

C.  Specific  Impulse  Efficiency 

1},  ■  ?T  * 

0.821 

0.337 

0.869 

D.  Berformance 

268.0 

272.8 

282.5 

^Sg^p(vacuuni) 

267.3 

263.3 

270.8 

%  Difference 

0.2 

3.6 

ll.3 

^pred 

Il9ll0 

50I1O 

5190 

^exp 

5il;5 

5150 

5225 

^’^pred 

2330 

2li50 

2510 

2li20 

2500 

2530 

Comparison  of  Film-Cooling  Model 

with  Experimental 

Data~ICP  Tests 

(u) 

Figuie  VIII-C-3 
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Correlation  of  ICP  Film-Cooling  Test  Data,  Test  -024 


Figure  VIII-D-1 
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Lm-Cooling  Test  Data,  Test  -025 


e  VIII-D-2 


Comparison  of  Experimental  and  Theoretical  Wall  Temperatures 

for  Test  -YAM-027 
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NOTE: 

F  =  100,000  lb 

%2%/^-SO 

NpOj  Fllii  Coolant 
Tjg‘^=  3900*F 

Qaax  -  1$  btv/ii^^  see 


CHAMBER  PR£SSUF£,  psU 

Film  Coolant  Required  to  Cool  Chamber  and  Throat  (u) 


Figure  VIII -E-1 
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IX, 


CCMBOSnCa  LABILITY 


CMFnnTUl 

Bock  Two 


A.  nfTROoixrncn  ahd  cghclusiohs 

A  detailed  investigation  of  ccmbustion  stability  was  not  within  the 
scope  of  the  High  Chamber  Pressure  Rocketry  Program.  However,  high-frequency 
Instrumentation  was  used  In  a  number  of  the  tests  to  determine  the  combustion 
characteristics  of  the  Injectors  evaluated  in  the  program  and  to  determine  If  the 
ccMBbustlon  characteristics  were  affected  when  the  injectors  were  used  In  conjunction 
with  the  film-cooled  hardware.  Investigations  were  conducted  for  both  low-frequency 
system  pressure  oscillations,  as  well  as  for  high-frequency  ccmbustion  stability 
characteristics . 

The  frequencies  and  amplitudes  for  the  tests  which  were  investigated 
for  stability  characteristics  are  tabulated  in  Figure  IX-A-1.  The  instrumentation 
used  to  obtain  these  data  Is  discussed  In  Section  IX,  B,  below.  A  discussion  of 
the  results.  Including  the  stability  characteristics  of  the  concentric  ring 
injector,  transpiration-cooled  injector,  and  vortex  injector,  are  given  in  Sections 
IX,C,  IX, D  and  IX, E,  below. 

The  following  conclusions  can  be  made  from  the  combustion  stability 

analysis : 

1.  The  combination  of  the  concentric  ring  injector  and  the  uncooled 
100-in.  L*  chamber  produced  pressure  oscillations  corresponding  to  the  second 
longitudinal  mode.  No  other  regular  frequency  patterns  were  evident. 

2.  Film  cooling  from  the  concentric  ring  injector  as  well  as  from 
the  chamber  walls  had  only  a  negligible  effect  on  the  amplitude  of  pressure 
oscillations  euid  none  whatever  on  their  frequencies. 

3.  The  transpiration  cooled  injector  is  very  stable  in  combination 
with  the  100-in.  \incooled  chamber.  Pressure  oscillations  were  less  than  2^  of 
static  chamber  pressure. 
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4.  Based  cm  very  limited  data,  the  vortex  injector  appears  to  be 
stable.  Because  of  the  small  amount  of  data  obtained  with  this  injector,  definite 
ccmclusions  cannot  be  drawn. 

B.  SIABILm  MEASUREMENTS 

Kistler  quartz  pressure  transducers  were  used  to  iseasure  dynasiic  pressure 
oscillations  within  the  engine  system.  They  were  mounted  on  the  injector  feed 
manifolds  (Figure  IX-B-l).  On  several  tests,  these  transducers  were  mounted  in  the 
thrust  chamber  wall  to  monitor  chamber  pressure.  In  this  CEtss  the  Kistler  transducer 
was  used  with  a  water  cooled  adapter  (Figure  IX-B-2).  The  chamber  wall  Installations 
were  subsequently  discontinued  because  the  pressure  tap  promoted  erosion  in  that 
area. 


Ihe  Kistler  transducer  is  rated  at  5000  psi  static  pressure  and  has  a 
response  time  of  3  microsec.  This  dynamic  instrument  his  its  ac  signal  conditioned 
by  passing  it  through  a  150-cps  filter  and  charge  amplifier.  The  amplified  signal 
is  fed  to  an  Ampex  lU-channel  FM  tape  recorder.  The  recording  tape  speed  is 
60  in. /sec.  At  tnls  speed,  the  tape  can  resolve  up  to  100,000  cps.  The  Ampex  tape 
is  played  back  at  3*75  in. /sec  (a  l6;l  reduction  in  speed  and  frequency).  A 
specially  instrumented  Consolidated  Electrodynamics  oscillograph  is  used  to  create 
a  visible  record  from  the  Ampex  tape. 

Taber  transducers  were  positioned  adjacent  to  their  respective  Kistler 
trainsducers  and  the  ac  component  from  the  Tabers  was  also  recorded  on  tape.  The 
oscillatory  traces  from  the  Taber  instruments  were  recorded  simultaneously  with 
the  Kistler  traces  to  provide  frequei^y  back-up  information.  The  apparent  amplitude 
of  Taber  signals  is  a  function  of  transducer  tubing  length  and  can  only  be  considered 
in  a  relative  sense  from  test  to  test. 
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IX,  B,  Stability  MeasureiDents  (cont. ) 

Because  of  the  limited  scope  of  the  coaibustlon  stability  effort  on  this 
program,  only  limited  stability  analyses  were  performed.  The  oscillatory  pressure 
traces  on  the  oscillograph  records  were  interpreted  to  determine  modes  of  system 
resonance.  The  hl£^-frequency  oscillations  observed  were  then  compared  to  the 
theoretical  values  calculated  for  the  chamber  geometry.  The  observed  low-frequency 
oscillations  were  compared  to  calculated  theoretical  feed  line  resonances. 

In  order  to  completely  define  the  combustion  stability  characteristics 
of  a  system  (not  attempted  on  this  program),  it  is  necessary  to  Include  at  least 
three  flush  mounted  transducers  within  the  chamber  to  provide  meaningful  data. 

Thia  data  aiust  then  be  used  in  conjunction  with  a  detailed  hl^  frequency  analysis 
to  determine  the  interaction  index  and  associated  combustion  time-lag  criteria. 

c.  coNcanBic  ring  ikjectcr 

1.  IJtacooled  Tests 

The  original,  uncooled  chamber  employing  the  concentric  ring 
injector  (Nod  I,  II,  III)  experienced  two  different  regimes  of  oscillations.  During 
the  start  transient,  the  feed  system  and  chamber  perturbations  occurred  at  frequencies 
of  200  to  250  cps  and  peak-to-peak  amplitudes  of  500  to  I5OO  psi.  At  approximately 
two-thirds  of  steady-state  chamber  pressure,  the  low-frequency  oscillations  ended 
abruptly  and  were  superseded  by  pressure  perturbations  at  frequencies  of  1200  and 
24oO  cps  in  the  combustion  chamber  and  in  both  oxidizer  and  fuel  injector  manifolds. 
These  corresponded  to  the  first  and  second  longitudinal  acoustic  modes.  The' 
amplitude  of  these  oscillations  varied  frcxn  ^00  psi  peak-to-peak  in  the  combustion 
chamber  to  1000  psi  peak-to-peak  in  the  fuel  line.  Representative  samples  of  these 
pressure  traces  are  shown  in  Figure  IX-C-1. 

Dynamic  analyses  of  the  oxidizer  and  fuel  feed  lines  indicated  peak 
resonances  of  230  to  250  cps  in  the  oxidizer  line  and  290  to  330  cps  in  the  fuel  line. 
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The  low-frequency,  hi^-aaplitude  oscillations  were  therefore  attributed  to  feed 
systea  resonance,  and  the  high-frequency  oscillations  were  attributed  to  the  injector. 
The  2-cycle  filter,  originally  used  to  limit  Klstler  data,  was  changed  to  a  150-cycle 
filter  to  prevent  amplifier  overloading  and  corresponding  loss  of  signal  during  the 
start  transient. 


The  addition  of  a  porous  material  (Rigimesh)  to  the  injector  face 
in  the  oxidizer  circuit  of  the  concentric-ring  injector  design  Mod  IV  did  not  affect 
the  basic  concentric-ring  stability;  the  laised  fuel  ring  of  the  Mod  IV  concentric- 
ring  injector  design  did  affect  it.  !Rxe  basic  frequency  of  pressure  oscillations  in 
the  chamber  and  both  feed  lines  changed  to  21CX)  cps  and  the  amplitudes  decreased  to 
100  to  225  psi  and  300  to  700  psi  for  the  combustion  chamber  and  the  feed  lines, 
respec  iively. 


The  rigid  structure  of  Mod  IV  injector  design  resulted  in  no  basic 
change  to  the  stability  performance  obtained  with  Mod  V  injector,  but  the  major 
modifications  involved  in  Mod  VII  injector  again  changed  the  principal  resonant 
frequencies  present  in  both  feed  lines  and  chamber  pressure.  The  oxidizer  manifold 
pressure  was  oscillating  at  a  frequency  of  7500  cps  at  an  amplitude  of  600  psi  and 
the  fuel  manifold  pressure  W€U5  oscillating  at  4l00  cps  at  an  amplitude  of  900  psi. 
Chamber  pressure,  however,  varied  only  200  psi  peak-to-peak. 

The  final  basic  injector  design  (Mod  VIIl)  did  not  exhibit  any 
changes  in  the  frequencies  of  feed-system  oscillations:  however,  the  oxidizer  manifold 
perturbations  dropped  to  between  350  and  500  psi,  and  the  fuel  perturbations  dropped 
to  between  350  and  500  psi.  Figures  IX-C-2  through  IX-C-5  illustrate  typical  pressure 
traces  of  the  basic  Mod  VIII  type  injector  design.  The  "beat"  frequency  as  observed 
in  Figure  IX-C-5  can  result  from  a  spinning  tangential  mode  as  well  at  from  a 
difference  frequency  between  two  chamber  frequencies.  It  was  not  possible  to  deter¬ 
mine  the  significance  of  the  observed  beat  frequency  in  Figure  IX-C-5  because  of 
insufficient  chamber  transducer  coverage. 
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In  all  concentric-ring  injector  teuts  in  which  combustion  stability 
data  vas  obtained)  no  test  data  indicated  a  divergence  of  pressure  amplitudes  througii 
the  steady-state  period  of  operation.  All  tests  eidilblted  an  interim  period  of  low- 
frequency,  hign-amplltude  pressure  oscillations  during  the  early  transient  portion 
of  the  test,  and  were  attributed  to  feed  system  resonances. 

2.  Cooled  Tests 


Ibe  advent  of  cooled  testing  brought  forth  a  new  manifolding 
arrangement  indicated  in  Figure  VII-D-14.  This  new  manifolding  altered  the  length 
and  volume  of  the  injector  feed  lines,  cmd  the  flex  lines  altered  the  rigidity  of 
the  system.  The  net  effect  of  these  manifold  changes  was  to  reduce  the  amplitude 
of  low-frequency  oscillations  on  startup  and  establish  random  frequencies  during  the 
same  period. 


At  steady-state  operating  conditions,  neither  the  additional  length 
of  lines,  the  change  in  rigidity  of  the  lines,  nor  the  introduction  of  film  coolant 
appeared  to  affect  the  resonant  frequencies  present  in  the  feed  lines  and  chamber. 
However,  the  amplitude  of  the  oscillations  in  the  feed  lines  decreased  from  a  maximum 
of  500  psi  to  a  maximum  of  400  psi.  Chamber  pressure  oscillations  decreased  from 
between  350  and  5OO  psi  to  between  100  and  200  psi.  Figures  IX-C-3  and  IX-C-4 
illustrate  pressure  traces  in  typical  cooled-chamber  tests. 

It  was  concluded  that  (l)  serious  pressure  oscillations  were 
encountered  in  the  second  longitudinal  acoustic  mode  only,  (2)  no  other  modes  of 
severe  pressure  oscillations  existed  because  of  the  absence  of  the  appropriate 
harmonic  frequencies,  and  (3)  the  piesence  of  chamber  film  cooling  had  only  negligible 
effect  on  the  amplitude  of  pressure  oscillations,  euid  none  whatever  on  their 
frequencies. 
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D.  TRANSPntmON  COQLBD  INJECTOR 

This  injector  was  tested  during  the  final  two  tests  of  the  High  Chamber 
Pressure  Program.  The  high-frequency  records  for  this  injector  e^diibit  background 
noise  only,  and  the  tests  are  classed  as  absolutely  stable.  Figure  IX-D-1  represents 
pressure  traces  taken  from  one  of  these  tests.  Kistler  data  indicate  that  the 
amplitude  of  feed-line  oscillations  is  less  than  2^  of  static  chamber  pressure. 

Taber  data  also  indicate  a  very  low  level  of  pressure  oscillations.  No  particular 
repeating  frequencies  were  evident  in  examination  of  the  Kistler  data. 

E.  V(SiTEX  INJECTOR 

The  original  vortex  injector  attained  steady-state  on  the  first  uncooled 
test.  No  high-frequency  instrumentation  was  used  on  this  test,  but  the  results  of 
an  analysis  of  the  Taber  transducer  data  are  presented  in  the  following  peuragraphs. 

Pc-1,  located  at  the  center  of  the  injector  face,  experienced  oscilla¬ 
tions  of  400  cps  at  an  amplitude  of  +  80  psi;  a  1^00  cps  oscillation  of  low  amplitude 
was  superimposed  on  the  UOO  cycle  carrier  frequency. 


Pc-2,  at  the  outer  edge  of  the  injector,  recorded  very  regular  oscilla¬ 
tions  of  110  to  l44  cps  at  amplitudes  of  +  200  psi.  A  low-amplitude  1100-cps 
oscillatio;n"is  superimposed  on  the  110  to  ll4  cycle  carrier. 


PeP,  at  the  beginning  of  the  chamber  convergent  section,  recorded 
500  cps  at  +  60  psi  with  no  superimposed  higher  frequencies. 


None  of  these  amplitudes  continued  to  gro\;  with  time  and  the  injector 
was  considered  stable.  Chamber  detonations  associated  with  injector  erosion  were 
followed  by  instantaneous' recovery  to  the  stable  cornbustion  pattern. 
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Kistler  transducers  vere  installed  in  the  chaoiber  during  the  test  in 
idiich  the  Hod  I  design  vas  evaluated.  The  test  hardware  never  reached  steady-state 
operation  because  of  injector  failure,  but  transient  high-frequency  data  indicated 
the  existence  of  severe  pressure  oscillations  between  the  first  longitudinal 
acoustic  mode  and  the  first  tangential  mode.  When  an  Observed  chaoiber  frequency 
is  found  to  be  numerically  between  two  different  modes  such  as  the  theoretical 
longitudinal  and  theoretical  tangential  mode,  it  is  necessary  to  have  sufficient 
transducers  installed  in  the  chamber  to  identify  the  actual  mode.  Three  transducers 
are  necessary  to  properly  identify  a  tangential  mode;  the  high-frequency  chaoiber 
installation  in  this  program  was  limited  to  one  flush-mounted  transducer,  therefore 
precluding  ccnplete  definition  of  the  acoustical,  modes.  No  detailed  quantitative 
analysis  is  presented  for  this  Hod  I  vortex  design  because  of  the  transient  nature 
of  the  data  and  the  injector  erosion  which  occurred  during  the  test  firing. 

No  detailed  stability  analysis  was  conducted  for  the  Hod  II  vortex 
injector  because  of  the  extensive  injector  erosion  which  occurred  on  its  only  test 
firing  and  the  subsequent  elimination  of  the  vortex  injector  concept  in  the  program. 
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Installation  of  High-Pressure  Transducers  Mounted  on  Injector 

Frequency  Monitoring  Systea 
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Figure  lX-B-1 


Aapex  Playback — Concentric  Ring  (Mod  VIII) 


Figure  IX-C-2 


Figure  IX-C-4 


Ampex  'layback — Concentric  Ring  <Mod  VIIIB)  plus  Drilled  L*  Segment 


Figure  IX-C-5 


Ampex  Playback — Traii^oiration  Cooled  Injector 
Figure  IX-D-1 
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A.  P/ffiAMETER  STUDY 


1 .  Introduction 


The  objectives  of  the  preliminary  system  study  is  to  determine  the 
practical  upper  limit  of  chamber  pressure  and  to  select  the  best  nozzle  area  ratio 
and  propellant  mixture  ratio.  The  selection  of  these  engine  parameters  is  based 
ui>on  vehicle  i>erf ormance ,  cost,  and  wel^t.  Ibe  basic  study  was  conducted  for 
N2(^/AeroZIKE  ^  xiropcllants.  A  later  study  was  conducted  for  some  of  the  metalized 
storable  propellants.  Results  of  this  analysis  are  presented  in  Section  X,  F. 

A  variety  of  vehicles  was  analyzed  to  detexmine  best  chamber 
pressure,  area  ratio,  and  mixture  ratlu  These  vehicles  incorporate  the  following 
variables: 


Nozzle  Type 

DeLaval 

Forced  deflection  (first  stages  only) 

Engine  Cycle 

Gas  generator 
Staged  combustion 

Type  of  Mission 

First  stages  (ideal  velocity  increment, 

=  10,000  and  20,000  ft/sec) 

Single  stage  to  300  HM  orbit,  polar  launch 
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To  fulfill  the  objectives  of  the  study,  a  nuriber  of  subtasks  were 
necessary.  These  tasks  are  described  in  the  following  paragraphs: 

a.  Propulsion  Systea  Wei^t 

Rropulslon  systea  wei^d^ts  were  dbtcdned  from  analytically 
derived  weight  expressions  for  turboptaq;«  and  thrust  chairibers,  coniblned  with 
existing  data  from  previously  designed  engine  systems  (see  Section  X,B). 

b.  Perfanaance  and  Cycle  Analysis 

Engine  performance  evaluation  includes  the  determination  of 
engine  specific  liqpulse  as  a  function  of  thrust-chamber  pressure,  and  engine  mixture 
ratio  as  .a  function  of  thrust-chamber  mixttire  ratio.  This  was  completed  for  both 
the  gas  generator  and  staged-combustlon  cycles,  and  is  presented  in  Section  X,C. 

c .  Cost  Model 

The  cost  model  that  was  used  to  study  the  cost  effects  of 
parameter  variation  is  presented  in  Section  X,D. 

d.  Film-Cooling  Effect  on  Performance 

The  specific-impulse  degradation  from  film  cooling  was 
determined  for  various  percentages  of  fuel  film  coolant  and  injection  locations. 

This  analysis  is  presented  jn  Section  X,E.  llie  analysis  was  conpleted  for  three 
conditions  of  mixing  of  the  film  coolant  with  the  main  stream:  no  mixing,  partial 
mixing,  and  complete  mixing. 
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2.  Conclusions 


as  follows. 


Basic  conclusions  reached  from  the  preliminary  system  studies  are 


a.  Chamber  pressures  In  the  range  of  2^00  to  3000  psi  show  a 
clear  gain  in  performance  for  the  staged-combustion  cycle. 


b.  The  best  chamber  pressure  for  a  gas 'generator  cycle  engine  Is 
approximately  ^00  to  1000  psi  lower  than  for  a  staged-conibustion  cycle  engine 
(BgOj^/AeroZIHE  50). 

c.  Cost  effects  of  increasing  chaniber  pressure  were  found  to  be 

negligible . 

d.  The  staged-conibustion  cycle  yields  significantly  hi^er 
performance  than  the  gas-generator  cycle. 

e.  The  mixture  ratio  corresponding  to  maximum  si>ecific  impulse 
will  result  in  maximum  vehicle  payload. 


selected. 


f .  Optimum  nozzle  area  ratio  is  Independent  of  the  cycle  type 


g- 

perfomance  than  the 


The  ideally  compensating  nozzle  yields  signiflcemtly  higher 
DeLaval  nozzle. 


h.  Burning  of  the  film  coolant  does  not  show  performance  gain. 


i.  Significant  payload  gains  result  from  the  use  of  high  chamber 
pressures  with  the  advanced  propellants  studied.  In  general,  the  analyses  showed 
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that  with  the  staged-conibustioD  cycle,  the  naxinum  pressure  obtaioable  is  best. 
With  the  gas -generator  cycle,  clear  gains  up  to  a  chanber  pressure  of  3000  psi 
were  shown. 


3.  Analysis  and  Results 

a.  Area-Ratio  Selection 

Stage  payload  was  used  as  the  basis  for  selecting  optiinum 
area  ratios;  the  following  effects  were  included: 

(1)  Thrust -chamber  specific -impulse  variations  with  chamber 
pressure  and  area  ratio  (see  Section  X,C).  Perfect  compensation  (nozzle  exit 
pressure  equals  ambient  pressure  at  all  levels  of  altitude)  was  assimed. 

(2)  Variation  of  turbopunp  weight  with  pr (pliant  flow  rates 
and  pressuX'?  (see  Section  X,B). 

(3)  Change  in  nozzle  skirt  weight  with  area  ratio  (see 

Section  X,B). 

(U)  Change  of  ideal  velocity  increment  with  curea  ratio 
(booster  and  first  stage  only). 

(^)  Thrust-chamber  mixture  ratio  of  2.0. 

(6)  90^6  combustion  efficiency  and  97^  nozzle  efficiency. 

(7)  Interstage  structure  weight  was  included  in  upper  stages. 
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(8)  ConitMt  SM-Itvol  thrust  of  2,000,000  lb  for  all 
booster  and  single-stage  engines  and  uua  thrust  of  200,000  and  2,000,000  lb  for 
all  upper-stage  engines. 

(9)  Censtant  thrust- 'o-llf toff -vel^t  ratio  of  1,29  for 
boosters  a*y3  single-stage  vehicles. 

(10)  1hrus'6-to-liftoff«'sei|^t  ratio  for  upper  stages  was 
optinlzed  for  each  upper- stage  velocity  increw*^'-,  and  varies  with  stage  velocity 
incresient  as  foUovs: 


-  10,000  ft'-i 
«  15,000 
*  20,000  ft/se 


-  l.lU 

r/n^  -  IM 
P/Mj^  -  1.72 


(U)  1^  ullage  and  1^  outage  for  all  stages. 


Payloads  are  all  calculated  with  the  following  expression 
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Payload,  lb 
Lift:  *  sight,  lb 

Thrust  iV.\')endent  facto..’  (see  Section  X,D) 
Vacuuid  t:  ust,  lb 
Outage  i actor 
Ullage  factor 

Airfrante  factor,  cu  ft/lb  (see  Section  X,l4) 
Propellant  ^ulk  density,  Ib/cu  ft 
Ideal  velocity  increment,  ft/sec 
Vacuum  specific  impulse,  sec 
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The  staged-coaibustioa  cycle  was  used  for  determioing  stage 
payloads.  Early  effort  In  this  study  showed  that  optliaua  area  ratio  was  independent 
of  type  of  engine  cycle. 

Nozzle  surface  friction  and  heat-transfer  losses  were 
disregarded  in  this  study.  Therefore  the  hest  area  ratio  will  be  slightly  snialler 
than  that  indicated  hy  the  peak  payload  points.  Area  ratios  at  1^  ott  peak  payload 
points  were  selected  as  optimim;  this  selection  has  the  effect  of  decreasing  the 
nozzle  length  and  surface  area  to  account  for  the  effects  of  heat  transfer  and 
friction. 

The  results  of  the  booster  and  single-stage  studies  are 
presented  in  Figures  X-A-1  through 

The  optimum  area  ratio  for  upper-stage  vehicles  includes  the 
effects  of  interstage  structure  weight  and  configuration.  The  following  paragraphs 
describe  the  method  used  to  account  for  these  effects. 

At  an  instant  prior  to  lig^t-off  of  the  upper  stage,  the 
total  load  on  the  interstage  structure  is  equal  to  the  li{^t-off  wei^t  of  the 
upper  stage  times  the  burnout  acceleration  of  the  booster.  The  wei^t  of  the 
interstsige  structure  for  a  conicsd  or  cylindricail  configuration  is  proportional  to 
the  load  on  the  structure  and  to  the  length  of  the  structure.  The  thrust  of  the 
upper-stage  engine  is  proportional  to  the  throat  area  and  to  the  chamber  pressure. 
The  engine  diameter  and  length  are  proportional  to  the  square  root' 'of  the  thrust  per 
engine  and  inversely  proportional  to  the  square  root  of  the  chamber  pressure. 

«  PI  (E9  1) 

P  =  a  (Eq  2) 
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F. 
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(Eq  3) 


(Eq  4) 


where: 

-  Weight  of  interstage  structure,  lb 

P  -  Load  on  structure,  lb 

L  -  Length  of  stnicture,  ft 

-  Light-off  weight  of  upper  stage,  lb 
a/g  -  Burnout  g's  of  lower  stage 

-  Vacuum  thrust  per  engine,  upper  stage,  lb 

Cp  -  Vacuum  thrust  coefficient 

P^  -  Chaaiber  pressure,  psia 

-  Throat  eirea,  sq  in. 

Ag  -  Exit  eirea,  sq  in. 

e  -  Nozzle  eirea  ratio,  A^/A^ 

D  -  Exit  diameter,  in. 

Lg  -  Engine  length,  ft 

Also,  because  the  length  of  the  interstage  structure  will  be 
dependent  upon  the  length  of  the  engine,  the  result  can  be  written  by  substituting 
Equations  2  and  4  into  Equation  1  and  rearrsuiging. 


\o  ^c 


where  K  includes 


of  the  booster. 


Bo 


(Eq  5) 
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The  factor  K  was  determined  for  several  existing  vehicle 
designs  including  Titan  and  Saturn.  The  value  used  in  this  analysis  is  p6,2  x  10*^. 
Althou^  increasing  upper-stage  velocity  increment  indicates  that  the  lower  stage 
hums  out  at  a  lower  thrust-to-weight  ratio,  the  above  load  factor  was  held  constant 
for  siogpliclty. 

The  optimized  thrust-to-li^t-off -weight  ratio  (f/Wj^)  varies 
with  stage  velocity  increment.  The  weight  of  the  Interstage  structure  varies 
directly  with  stage  ll^t-off  weight.  Therefore,  when  tje  Interstage  structure  is 
considered,  optimum  area  ratio  varies  with  both  thrust  level  and  velocity  increment. 

ihe  analysis  was  conducted  for  velocity  increments  of  10,000, 
13,000,  cmd  20,000  ft/sec,  and  for  thrust  levels  of  200,000  and  2,000,000  lb. 

Results  are  shown  in  Figures  X-A-3  throu^  -3.  It  can  be  seen  that  optimum  area 
ratio  increases  with  Increased  velocity  increment  but  decreases  with  increased 
thrust  level.  It  is  also  significant  to  note  that  the  interstage  structure  has  an 
Increasingly  greater  effect  upon  optimum  area  ratio  with  increasing  thrust  level. 

b.  Selection  of  Best  Thrust-Chamber  Pressure 


Tne  selection  of  the  best  thrust -chamber  pressure  is  based 
upon  maximum  vehicle  payload  capability  because  the  effect  of  chamber  pressure  upon 
cost  was  shown  to  be  insignificant  (see  Section  X,D).  Using  the  previously  optimized 
area  ratios  and  a  thrust -chamber  mixture  ratio  of  2.0,  vehicle  payloads  were 
calculated  and  plotted  over  a  range  of  thrust- chamber  pressures.  Results  are  shown 
in  Figures  X-A-6  through  -11. 


table: 


Chamber  pressures  selected  are  presented  in  the  following 
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FIRST-  AMD  SINGE£-STAGE  VEHICIES 


Mission 


Nozzle 

Cycle 

10,000  ft/sec 

20,000  ft/sec 

Single-Stage 
300-NM  Orbit 

DL 

GG 

4500  psia 

4400  psia 

3500  psia 

DL 

S-C 

3600* 

3600» 

3300 

F-D 

GG 

3200 

3000 

3000 

F-D 

S-C 

36oO» 

3500 

3300 

UFFBR-STAGE  VEHIdfS 

Nozzle 

Cycle 

10,000  ft/sec 

15,000  ft /sec 

20,000  ft/sec 

DL 

S-C 

3600*^  psia 

36oO»  psia 

3600»  psia 

DL 

GG 

2800 

2800 

2800 

The  figures  with  asterisks  represent  values  limited  by  the 
maximum  chamber  pressure  attainable  with  the  steiged-combustion  cycle  at  a  turbine 
inlet  temperature  of  1200®F.  This  limit  of  chamber  pressure  can  be  increased  by 
increasing  the  turbine  inlet  temperature. 

c.  Selection  of  Best  Thrust-Chamber  Mixture  Ratio 

After  establishing  the  best  area  ratio  and  thrust-chamber 
pressure  for  each  mission  at  a  thrust-chamber  mixture  ratio  of  2.0,  this  mixture 
ratio  was  then  varied  from  1.6  to  2.4  and  single-stage  payloads  were  calculated  for 
each  point.  The  results  shown  in  Figure  X-A-12  show  that,  except  for  very  small 
variations  in  maximum  payload  (less  than  1^),  the  optimum  thrust-chamber  mixture 
ratio  does  not  depend  upon  engine  configuration  or  cycle  but  corresponds  to  the 
maximum  specific -impulse  mixture  ratio  of  approximately  2.1.  Because  payload 
variations  with  mixture  ratio  will  decrease  as  total  mission  velocity  decreases. 
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it  uas  not  necessary  to  pei-form  a  mixture-ratio  optimization  study  for  lower-velocity 
mlsslcms.  It  can  be  concluded  that  maximum  specific-impulse  mixture  ratio  is  optimum 
from  a  payloeid  standpoint  for  all  missions. 

d .  Cost  Effects 

Ibe  influence  of  cost  on  the  selection  of  peurameters  is  dis¬ 
cussed  in  this  section.  The  cost  model  presented  in  Section  X,D  was  used  for  these 
analyses . 


Ibe  imjor  elements  are  classified  as  development,  production, 
and  facility  costs;  these  are  discussed  in  the  following  paragraphs,  It  will  be 
shown  that  the  optimum  parameters  selected  on  the  basis  of  payload  are  also  very 
nearly  optimum  from  the  standpoint  of  cost  per  pound  of  payload. 

(l)  Development  Costs 

Ibe  major  development  costs  can  be  placed  under  one  of 
the  three  following  categories:  (l)  engineering,  fabrication,  and  testing,  (2) 
facilities,  or  (3)  propellants. 

A  ceureful  auialysis  was  made  to  determine  what  effect 
increased  pressure  would  have  upon  these  costs.  After  the  present  high-pressure 
experimental  programs  are  completed,  there  should  be  no  increase  in  development 
difficulty  with  increases  in  pressure.  Tbe  only  cost  difference,  then,  is  in  the 
high-pressure  testing  facilities.  The  facilities  affected  are  the  run  tanks  for 
thrust-chamber  development.  Conventional  pressure  thrust  chambers  are  fed  from 
pressurized  tanks,  whereas  it  has  been  found  to  be  more  economical  to  use  low- 
pressure  tanks  8uid  test-stand  pumps  for  high-pressure  testing.  A  comparison  has 
been  made  at  ICX), 000-lb  thrust  in  connection  with  Contract  AF  0U(6ll)-8017.  Run 
tank  costs  for  various  pressures  are  summarized  as  follows: 
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Pressure,  psl 


Relative  Cost 


An  l800-psi  run  tank  would  be  used  for  conventional  engine 
thrust-chamber  testing.  !Die  200- psl  tanks  would  be  combined  with  turbopumps  for  high- 
pressure  testing.  The  turbopump  would  cost  approximately  J^00,000  to  develop  emd 
$100^000  per  unit  thereafter.  In  addltlcxi,  there  may  be  some  turbopump  maintenance 
during  the  program.  Turbopumps  of  this  type  should  have  very  long  life  expectancy. 
Therefore^  100  thrust-chamber  tests  i>er  turbopump  set  should  be  easily  attainable. 

For  a  program  of  1000  thrust- chamber  assembly  tests,  10  sets  of  turbopumps  would  be 
adequate.  The  total  costs  for  run  tanks  would  be  $1,200,000  (three  test  stands)  for 
conventlcxial-pressure  tests  and  $1,900,000  for  high-pressure  tests.  This  difference 
Is  negligible  vixen  compaired  with  the  overall  development  program  costs  of  $100,000,000. 

(2)  Production  Costs 

55iese  costs  will  be  treated  with  reference  to  figures 
evolved  for  NASA  Contract  NAS  5-1025,  ’'Design  Study  of  a  Large  Unconventional  Liquid 
Propellant  Rocket  Engine  euid  Vehicle."  In  this  study,  both  low-pressure  conventional 
engines  and  high-pressure  advanced  engines  were  designed  and  costs  were  determined 
at  the  2, 000, 000-lb- thrust  level  using  LOg/L^  as  a  propellant. 

There  are  several  major  components  of  the  engine  that  are 
affected  by  Increases  In  thrust-chamber  pressure;  (l)  thrust-chamber  assembly 
(including  the  Injector),  (2)  turbopump  assembly,  (3)  gas  generator,  and  (U)  valves 
emd  lines. 


Increases  In  thrust- chamber  pressure  result  In  decrease;; 
In  the  physical  size  of  the  chamber  and,  hence,  decreases  In  the  cost.  Bie  Injector 
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nuat  become  simpler  because  higher  thrust  per  element  is  needed  to  achieve  higher 
Injectlen  density.  This  simplicity  will  result  In  lover  production  costs.  The 
effects  of  the  various  thrust-chamber  cooling  methods  comprise  the  experimental 
objective  of  this  contract  and  consequently  will  not  be  considered  In  this  dis¬ 
cussion. 


The  pressure  effect  cn  the  turbopump  assembly  dictates 
the  necessity  for  Inducers;  the  physical  size  of  the  main  stage  decreases  with 
Increasing  pressure,  and  the  main-stage  pressure  balance  becomes  more  critical. 

The  effects  In  the  main-stage  portion  tend  to  cancel  out;  therefore,  the  net  cost 
difference  Is  attributable  entirely  to  the  Inducers. 

In  the  gas  generator.  Increases  In  pressure  bring  about 
Increases  In  flow.  This  increase  In  flow  Is  offset  by  the  accompanying  Increase  In 
density,  with  the  result  that  the  volume  flow  remains  approximately  constant.  Under 
these  ccmdltlons,  the  size  and  cost  remain  imaffected  by  changes  In  pressure. 

There  are  only  slight  pressure  effects  lii  the  valves  and 
lines.  The  valves  may  require  somewhat  closer  tolerances  In  the  seats,  and  the  lines 
would  require  thicker  walls.  Cost  influences  are  negligible  for  these  components. 

The  main  production  cost  differences  lie  in  the  turbo¬ 
pumps  and  the  injectors . 


Cost  figures  derived  during  the  performance  of  Contract 
MAS  5-1025  place  the  turbopump  cost  for  a  2,000,000-lb-thrust  1000-psia  chamber 
pressure  engine  at  $150,000.  A  high-pressure  gas-generator-driven  turbopump  would 
be  similar  to  the  low-pressure  turbop-jup  except  that  two  Inducers  would  be  added. 
This  would  result  in  six  major  rotating  components  in  the  high-pressure  turbopump 
(two  inducers,  two  main- stage  pumps,  euad  two  turbines)  as  compared  with  foiu*  major 
components  at  1000-psia  chamber  pressure  (two  main-stage  pumps  and  two  turbines). 
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Assuming  that  the  cost  of  each  major  rotating  component  is  about  the  same,  the  high- 
pressure  turbopump  for  a  gas-generator  cycle  engine  will  cost  half  as  much  more  than 
for  a  conventional  pressure  engine.  This  results  in  a  turbopump  cost  increase  of 
$75,000  for  high-pressure  operation.  By  comparison,  the  turbopump  cost  for  the  same 
basic  system  but  with  the  advrnced  engine  which  incorporates  chamber  pressure  of  2500 
psia  was  also  costed  in  Contract  HAS  5-1025  and  is  $165,000.  TLe  advanced  engine 
turbopump  is  simpler,  however,  because  it  has  only  two  turbine  wheels,  and  both  main- 
stage  pumps  are  on  a  common  shaft.  Tending  to  increase  the  system  cost  are  the  oxi¬ 
dizer  inducer  and  the  second  hydrogen  pump  stage. 

Injector  costs  were  also  estimated  for  the  2,000,000-lb- 
thrust  LOj/U^  conventional  and  advanced  engines.  Ihe  esthnated  Injector  cost  for 
the  conventional  engine  la  $110,000.  Ihe  estlsated  cost  for  the  eight  Injectors  In 
the  advanced  (high-pressure)  engine  Is  $1T,600.  Ihle  significantly  lover  cost  results 

from  the  smaUer  else  and  fewer  Injection  elements,  both  of  which  result  from  the 
higher  pressure . 


Ihe  net  result  of  the  above  costs  indicate  that  a  high- 
pressure  engine  would  cost  approximately  $9,000  less  than  a  conventional  engine. 

Ihe  total  engine  cost  is  approximately  $600,000.  Because  the  difference  is  only 

1-^,  it  can  be  concluded  that  thrust- chamber  pressure  has  only  a  negligible  effect 
upon  production  costs. 


(3)  Facility  Costs 


Facility  and  propulsion  cost  variations  w.lch  thrust- 
chamber  pressure  have  been  shown  to  be  negligible  (Section  X,D).  Therefore,  the 
variation  in  vehicle  cost  with  chamber  pressure  will  also  be  negligible,  and  the 

optimum  Chamber  pressure  will  correspond  to  the  chamber  pressure  which  yields  maxi- 
mum  payload.  . 
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Selection  of  the  beat  mixture  ratio  vas  also  determined  on 
the  basis  of  cost  per  pound  of  payload.  Ibe  aaly  cost  element  that  varies  signifi¬ 
cantly  with  mixture  ratio  Is  the  cost  of  propellant .  Because  the  cost  of  AeroZDIE  30 
Is  greater  than  propellant  cost  decreases  with  increases  In  mixture  ratio. 

However,  this  cost  change  with  mixture  ratio  represents,  only  a  small  percentage  of 
the  total  vehicle  program  cost.  Ihe  results  given  In  Figure  X-A-I3  show  that  on  the 
basis  of  cost,  the  optimum  mixture  ratio  Is  approximately  2.2.  The  results  also 
indicate  optimum  mixture  ratio  Is  Independent  of  nozzle  type  and  engine  cycle . 

e.  Effect  of  Film  Cooling  on  Engine  Pareuneters 

An  analysis  was  conducted  to  determine  the  effect  of  veurious 
percentages  of  film  cooling  on  vehicle  payload. 

Specific-Impulse  degradation  data  were  based  on  an  average 
between  no  mixing  and  partial  mixing  losses  and  then  adjusted  for  differences  In 
area  ratios  and  thrust- chamber  pressures  (see  Section  X,E).  The  area  ratio  at  each 
pressure  is  the  optimum  selected  for  an  engine  without  film  cooling,  me  injector 
mixture  ratio  is  2.1— the  optimum  selected  on  the  basis  of  the  performance  study. 

Four  film  coolant  decomposition  points  were  assumed  with  equal  Eunounts  of  coolant 
decogiposing  at  each  point,  me  main  streeun  pressures  at  these  points  were  100, 

83. 3#  10^  and  2^  of  the  thrust- chamber  pressure,  respectively,  me  coolant  was 
assumed  to  decompose  at  the  pressure  of  the  main  stream  at  each  point.  Results  of 
this  analysis  are  shown  in  Figures  X-A-lU  and  -I5.  mese  results  include  cycle  effects 
of  additional  fuel  flow  as  well  as  specific-impulse  effects  and  reflect  the  change 
in  injector  mixture  ratio  from  the  2.0  used  in  the  perfornance  study. 

In  Figures  X-A-lh  and  -15,  the  performance  curves  for  the  gas- 
generator  cycle  do  not  show  the  marked  divergence  at  higher  thrust- chamber  pressures 
that  is  shown  for  the  staged-combustlon  cycle,  mis  lack  of  divergence  results 
because  the  required  pump  discharge  pressure  does  not  vary  with  different  percentages 
of  film  cooling  for  the  gas-generator  cycle  as  it  does  for  the  stsiged-combustion  cycle. 
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B.  FROPUISIGR  SlSrat  WEIGHT  STODY 
1.  Engine  Weight 

A  method  for  determining  engine  weight  was  derived.  Using  this 
method,  engine  weight  ccm  he  determined  from  nozzle  throat  area,  nozzle  area  ratio, 
chamber  pressure,  nozzle  type  (DeLaval  or  forced  deflection),  mixture  ratio,  and 
oxidizer  and  fuel  turhopump  flow  rates. 

The  engine  was  divided  Into  two  major  compments  to  perform  the 
weight  emalysis:  the  turhopump  assembly  (TPA)  and ‘the  engine  less  the  TPA  weights. 

The  basic  Independent  variables  selected  for  the  TB/V  weight  eure  propellant  flow  rate 
and  discharge  pressure  and  propellant  density.  TPA  weights  are  shown  In  Figure  X-B-1. 
Tbese  weights  are  based  upon  parametric  analyses  combined  with  several  existing  and 
designed  TEAs,  also  tabulated  In  Figure  X-B-1. 

Engine  less  TPA  weights  are  presented  In  Figure  X-B-2.  Thrust- 
chamber  throat  area  and  pressure  were  chosen  as  the  independent  variables;  the  weight 
curves  were  developed  for  a  constant  nozzle  exit  eurca.  Nozzle  weight— area  ratio  var¬ 
iation  was  calculated  and  plotted  for  DeLaval  and  forced-deflection  nozzles  (Figures 

X-B-2,  -3  suid  -4) .  The  method  and  assumptions  used  to  determine  these  weights  are 

f 

discussed  below. 


a.  TPA  Weight 

Turhopump  weight  relationships  were  established  using  pre¬ 
viously  designed  turhopump  system  data  coupled  with  analytical  expressions  relating 
pump  Impeller  mean  diameter  to  pressure,  flow,  speed  and  fluid  density.  The  results 
of  this  study  are  shown  in  Figure  X-B-1.  Pump  flow  rate  and  pressure  were  selected 
as  the  Independent  variables. 

b.  Engine  Less  the  TPA  Weight 

Engine  less  TPA  weights  are  based  upon  two  assumptions.  First, 
cooling  tube  wall  thickness  Is  constant.  Secondly,  weight  differences  of  the  gas 
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generators,  combustion  chambers.  Injectors  and  manifolds  are  Insignificant  at  the 
same  flow  rate  with  changes  In  chamber  pressure,  as  pressure  vessel  criteria  6u:e 
approximated.  Using  these  assumptions,  the  engine  less  TPA  weights  will  be  Identical 
for  different  chamber  pressures, provided  that  the  nozzle  exit  area  does  not  vary. 

The  assumption  of  constant  tube  wall  thickness  Is  based  upon  previous  heat- transfer 
studies  that  Indicate  that  a  minimum  tube  wall  thickness  Is  desirable  regardless  of 
chamber  pressure.  This  can  be  accoo^llshed  If  tube  diameter  Is  reduced  as  pressure 
Is  Increased.  If  construction  materials  other  than  tubes  eure  used,  there  may  be 
significant  weight  differences  with  pressure.  In  this  event  the  weight  curves  will 
be  changed  accordingly. 

The  nozzle  exit  area  maintained  In  the  weight  study  Is  that 
obtained  with  a  nozzle  area  ratio  of  30  and  a  chainber  pressure  of  1000  psla.  For  this 
exit  area,  the  area  ratio  at  chamber  pressures  of  2000,  3000,  4000,  and  5000  psla  are 
60,  90,  120,  and  I50,  respectively. 

At  these  small  nozzle  exit  Eureas  the  engine  less  TPA  weight 
difference  is  negligible  for  DeLaval  and  forced-deflection  nozzles. 

The  nozzle  weights  were  based  upon  contours  rsulting  in  an 
average  velocity  vector  angle  at  the  nozzle  exit  of  10® .  This  represents  a  nozzle 
exit  half -angle  of  approximately  8® . 

To  determine  engine  weights  at  area  ratios  other  than  those 
assumed  in  the  engine  less  TPA  weight  study,  a  nozzle  weight — area  ratio  relation¬ 
ship  was  established.  Figures  X-B-2,  -3  and  -k  present  the  chemge  in  nozzle  weight 
divided  by  chamber  pressure  and  throat  area  as  a  function  of  area  ratio  change,  based 
upon  a  1000-psia  chamber  pressure.  Using  the  equation  shown  on  the  figures,  the 
curve  can  be  used  for  other  chamber  pressures. 
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These  nozzle  veldts  are  based  upon  contours  that  produce  an 
avexage  exit  velocity  vector  angle  of  8*.  This  selection  was  based  upon  previous 
studies  idilch  Indicate  the  payload  of  8*  nozzles  are  1  to  1^  greater  than  for  10* 
.nozzles.  For  this  reason,  8*  was  the  basis  for  nozzle  weight  In  this  study. 

I 

2.  Airframe  Weight 

Stage  airframe  weight  (stage  Inert  weight  excluding  the  engine)  Is 
cedculated  from  Inert  weight  parameters  (K^  vhlch  were  established  In  previous 

weight  studies  (Aerojet-General  Contract  HAS  3-1023) .  !Die  Inert  weight  parameters 
for  N20j^/AeroZinE  30  are: 

Single  Stages  First  Stages  Upper  Stages 


0.0070 

0.813 


0.00843 

0.813 


0.0072 

0.913 


Using  these  weight  parameters,  stage  airframe  weight  can  be  cal¬ 
culated  by  the  following  formula: 

“(inert)  =  (KT)(FV)  +  (KAF)(VPT) 

where:  KT  -  Thrust  dependent  Inert  weight  factor  (excluding  the  engine) 

FV  -  Vacuum  thrust,  lb 

KAF  -  Volume dependent  Inert  weight  factor,  Ib/cu  ft 
VPT  -  Total  propelleuit  tank  volume,  cu  ft 

33iese  Inert  weight  parameters  were  used  for  the  vehicle  performance 
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C.  CTCLE  ANALYSIS 

The  purpose  of  this  analysis  is  to  determine  performance  degradation 
pressure  drops >  and  engine  mixture  ratios  for  gas-generator  and  staged-ccmbustion 
cycle  engine  systems.  Performance  degradation  is  defined  herein  as  the  difference 
between  thrust-chamber  specific  Impulse  and  overall  engine  specific  impulse.  Engine 
system  pressure  drop  determinations  yield  the  relationship  of  pump  discharge  pressure 
to  thrust-chamber  pressure.  This,  in  turn,  is  used  to  establish  turbopump  weights. 
Engine  mixture  ratio  is  the  ratio  of  engine  oxidizer  flow  to  engine  fuel  flow,  and 
differs  from  thrust-chamber  mixture  ratio  for  the  gas-generator  cycle  because  of 
the  low-mixture-ratio  gas  generator. 

A  list  of  symbols  for  cycle  analysis  is  shown  in  Figure  X-C-1. 

1.  Performance  Degradation 
a.  Gas -Generator  Cycle 

A  schematic  of  gas-generator  cycle  engine  is  shown  in  Figure 
X-C-2.  The  oxidizer  and  fuel  turbopump  assembly  are  driven  by  a  single  bipropellant 
gas  generator.  The  gas -generator  propellants  are  tapped  frcxn  the  main  pump  discharge 
lines,  injected  into  the  generator,  and  burned.  After  passing  through  the  turbine, 
the  gases  are  expanded  through  a  nozzle,  providing  additional  thrust.  Performance 
degradation  of  the  gas -generator  cycle  is  a  result  of  the  low  specific  impulse 
associated  with  these  turbine  exhaust  products.  Figure  X-C-3  is  a  plot  of  perfor¬ 
mance  degradation  versus  thrust -chamber  specific  impulse  for  e  NgO^/AeroZINE  50  gas- 
generator  cycle  engine.  The  following  analysis  shows  the  development  of  this  curve: 
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I  degradation  (I  )  is  givei  by 
®  ®D 

I  =  I  -  I  (Eq  1) 

®D  ®TC  ®E 

('fr  +  w-  )l  +  (w  +  w-  )l 
I  -  TC  ^TC  °GG  GG  ^TE 

®E  (w  w-  )  +  (w  +  w»  ) 

TC  TC  GG  GG 


These  equations  can  be  combined  into  the  following  form 


-  I 


I  = 
s. 


TC 


“TE 


‘d  (1  +  MR_.) 

uu 


+  1 


(Eq  2) 


The  three  unknown  in  this  expression  are  I  ,  I  and  t- 

®TC  ®TE  ''f 

as  described  in  Paragraphs  (l),  (2),  and  (3)  below. 


TC 


GG 


These  are  determined 


w^ 


(l)  Determination  of 


TC 


w^ 


GG 


The  relation  of  gas-generator  flow  to  thrust-chamber 
flow  is  found  by  equating  pump  horsepower  requirements  to  turbine  power  output. 
The  pump  horsepower  requirements  are 


SHP 


H  (w  +  w  )  K.  , 
°  °TC  °GG 
550  Tl^ 


SHP^  = 


H-(w-  +  w.  )  K 

^  ^TC  ^GG 
550  Tlf 


(Eq  3) 

(Eq  4) 


The  is  an  assumed  value  which  provides  for  the  additional  horsepower  require¬ 
ments  of  a  hydraulic,  turbine-driven  inducer  if  used. 
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Turbine  power  output  is  expressed  by 


(Eq  5) 


Equating  pump  requirements  to  turbine  output  gives 


H  (w  +  w  )  K.  ,  H_  (w-  +  w -  )  K.  , 

QtC  °GG  ^  ^TC  ^GG  ^  ^  ^  )  C  AH  n 

550  T)^  550  llj  °GG  ^GG  ^  550  ^  (Eq  6) 


For  a  given  pump  discharge  pressure,  thrust-chamber 
pressure  can  be  found  from  Figure  X-B-7.  The  following  terms  are  defined  for 
ease  of  manipulation  of  Equation  4. 


ind  ^ 

550  Ti„  ~  *1 


ibd  ^ 

550  il„ 


0  Aiiii 


*  -  V 

550  ^  "  ’^3 


Substituting  K^,  Kg,  and  into  Equation  4  gives 


(w  +  w  )  +  K  (wj  +  w  )  =  K  (w  +  w  ) 


TC  GG 


TC  GG 


GG  GG 
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which  can  be  written  as  follows 


“OG  “S  ■  V  * '■S  -  V 

“>I0  *  *2 


(Eq  7) 


(2)  Determination  of  I 

®TC 

Thrust -chamber  specific-impulse  values  are  obtained 
from  computer  calculations  based  upon  shifting  equilibrium  flow  of  the  ccanbustion 
products  (Figure  X-C-4).  The  thrust-chamber  specific  impulse  obtained  frcan  this 
curve  represents  a  thermochemical  energy  level  of  the  combustion  products.  This 
energy  level  does  not  include  energy  put  into  the  propellants  by  the  pumps.  Conse¬ 
quently,  the  actual  energy  level  (or  specific  impulse)  of  the  ccxnbustion  products 
is  somewhat  hi^er  than  that  which  the  computer  thermochemical  data  predicts.  The 
correction  is  calculated  as  follows: 


By  applying  a  momentum  equation,  it  can  be  shown  that 


\V 

I  =  - - 

s  g 


(Eq  8) 


From  an  energy  equation  for  flow  through  a  nozzle 


V  =  2giih 


(Eq  9) 


Substituting  Equation  8  into  9  gives 


=  -^  (2gAh)^/^ 


(Eq  10) 
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!Qie  change  in  specific  impulse  for  a  change  in  Ah 
can  be  found  by  taking  the  first  derivative  of  Equation  10 with  respect  to  Ah. 


dl  = 


dA  h 


®  (A  h)^/^ 

Substituting  Equation  11  into  Equation  10  gives 


(Eq  U) 


dl 


^  jr  d  (Ah) 


(Eq  12)- 


"TMC 


vhere  I  is  the  specific  Impulse  resulting  from  thermochemical  energy  along 
®TMC 

d(Ah)  is  the  energy  per  pound  of  propellant  added  by  the  pumps  through  the  shaft. 


d(Ah)  = 


4  "  % 


(Eq  13) 


Finally,  substituting  Equation  13  into  Equation  12  gives 

«  r 


dl 


^7  *  %  J 


el  (1  *  na-c’ 

®TMC 


(Eq  111) 


Therefore,  the  I  that  is  used  in  Equation  2  is  the 
®TC 

thermochemical  I  obtained  from  Figure  X-C-l|  plus  the  d  I  calculated  using 


'TMC 


PW 


Equation  lU.  A  plot  of  d  I  versus  I  for  various  thrust -chamber  pressures  is 

®TC 

shown  in  Figure  X-C-5. 
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(3)  Deteminatlon  of  I 


From  the  definition  of  specific  impulse  it  can  be 


shown  that 


(Eq  15) 


where  c*  (characteristic  velocity)  is  calculated  using  tuiblne  exit  properties 
and  Cp  is  established  for  whatever  nozzle  is  used.  In  this  analysis,  optimum 
expansion  at  sea  level  and  frozen  equilibrium  conditions  were  assumed. 


(4)  Procedure  for  Calculating  Engine  Specific  lBq)ulse 

All  required  ei^essions  for  the  calculation  of  engine 
specific-impulse  degradation  using  Equation  2  have  now  been  derived.  The  degra¬ 
dation  results  are  shown  in  Figure  X-C-3.  Using  Figures  X-C-3,  -4,  and  -5, 
optimum  sea-level  engine  specific  Impulse  for  the  gas-generator  cycle  can  now 
be  determined  as  follows: 


(a)  At  the  given  P  obtain  I  from  Figure  X-C-4. 

®TMC 

(b)  With  the  I  obtained  in  Step  1,  determine 

®TMC 

d  I  pump  work  using  Figure  X-C-5. 

®PW 

(c)  Add  the  d  I  to  the  I  .  Using  this  number 

®PW  ®TMC 

Md  the  given  P  ,  refer  to  Figure  X-C-3  and  read  the  I  degradation. 

(d)  The  engine  1  is  then  I  =  I  +  dl  -  I  . 

®E  ®E  ®TMC  ®PW  ®D 
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A  plot  of  engine  I  at  optimum  sea-level  expeuision 

versus  chamber  pressure  for  various  thrust-chamber  mixture  ratios  is  shown  in 
Figure  X-C-6.  This  cuirve  is  developed  by  following  the  above  procedure  for 
several,  thrust-chamber  mixture  ratios  and  chamber  pressures.  A  similar  curve 
can  be  readily  developed  for  vacuum  specific  impulse. 

b.  Staged-Combustion  Cycle 

The  staged-combustion  cycle  (shown  schematically  in  Figure 
X-C-7)  consists  of  a  gas -generator-driven  turbine  with  the  turbine  exhaust  injected 
into  the  thrust  chamber.  Because  the  turbine  exhaust  is  expanded  through  the  main 
thrust  chamber,  the  staged-combustion  cycle  engine  specific  impulse  is  equal  to  the 
thrust-chamber  specific  impulse.  Also,  there  is  no  effect  of  pump  work  upon  specific 
impulse  because  whatever  energy  is  input  in  the  system  by  the  pumps  is  thus  removed 
by  the  turbine.  Therefore  staged-combustion  cycle  engine  specific  impulse  is  equal 
to  thermochemical  specific  impulse  as  predicted  by  the  computer  (Figure  X-C-4). 

It  is  recognized  that  there  is  an  entropy  increase  in  this  system  because  of  the 
irreversible  processes  resulting  from  pump  and  tui^bine  inefficieacies  and  line 
losses.  However,  this  is  reflected  in  the  pressure  drop  between  the  pump  discharge 
and  the  main  combustor  resulting  in  a  lower  pressure  ratio  for  a  given  engine  exit 
area.  Therefore,  the  entropy  increase  is  automatically  included  when  specific 
ii.;pulse  is  calculated  for  the  actual  nozzle  area  ratio. 

2.  Pressure  Drops 

a.  Gas -Generator  Cj^cle 

1^  Pump  discharge  pressure  as  a  function  of  chamber  pressure  is 

shown  in  Figure  X-C-8  for  the  gas-generator  cycle.  The  tabulated  ;”essure  drops 
and  their  variation  with  chamber  pressure  are  presented  in  Figure  Ji-C-S.  The  curves 
shown  in  this  figure  are  independent  of  thrust  level. 
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The  fuel  pressure  drop  through  the  coolant  Jacket,  approxi¬ 
mately  200  psi,  was  based  upon  the  Titan  I1R87-AJ-5  engine.  To  scale  this  pressure 
drop  to  other  chamber  pressures,  it  was  estimated  that  half  of  the  200-psi  drop 
results  from  coolant-tube  "turn-arounds’’  and  splits  in  the  combustion  chamber  and 
throat  section  as  well  as  the  "straight-line"  tube  pressure  drop  in  tne  skirt 
section.  This  pressure  drop  will  remain  approximately  constant  at  all  chamber 
pressures.  The  remaining  100-psi  drop  is  caused  by  the  coolant  tubes  in  the  throat 
and  combustion  chamber  section.  With  increasing  chamber  pr.-b-^ure  at  constant  thrust, 
combustion  chamber  size  will  decrease  and  heat-transfer  coefficients  will  increase. 
Coolant  velocity  must  therefore  be  increased.  As  e  result,  the  pressure  drop  in 
these  areas  is  increased  with  increases  in  chamber  pressure.  For  scaling  purposes, 
the  pressure  drop  was  assumed  to  be  directly  proportional  to  chamber  pressure. 

A  P  coolant  .ace.-  ICO.  100  ^ 

cTitan 

b.  St aged- Combust ion  Cycle 

The  main  factor  affecting  a  staged -combustion  cycle  pressure 
schedule  is  turbine  pressure  ratio.  Increased  thrust-chamber  pressure  can  be 
provided  only  at  the  expense  of  the  turbine  pressure  ratio.  Figure  X-C-9  shows 
the  relationship  of  chamber  pressure  to  pump  discharge  for  a  N^Oj^/AeroZINE  "yO 
staged-combustion  engine.  The  maximum  chamber  pressure  obtainable  with  this 
engine  for  the  given  gas -gene',  ator  mixture  ratio  is  approximately  3900  psia. 

This  "peaking"  of  the  chamber  pressure  results  from  the  fact  that  a  point  has 
been  reached  where  any  incremental  change  in  pump  discharge  is  more  than  overcome 
by  the  attendant  pressure  ratio  increase  needed  by  the  turbine  to  develop  that 
additional  pump  discharge  pressure.  Higher  chamber  pressures  can  be  reached  only 
by  increasing  the  turbine  inlet  temperature,  i.e.,  changing  the  gas-generator 
mixture  ratio,  thus  increasing  the  energy  per  pound  of  drive  gas.  Shown  on  Figure 
X-C-9  are  the  assumed  pressuie  drops  used  in  obtaining  the  curve.  The  derivation 
of  the  analytical  expression  used  in  determining  the  turbine  pressure  ratio  follows. 
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ratio  by 


The  turbine  pressure  ratio  is  related  to  the  temperature 


The  temperature  drop  across  the  turbine  is  calculated  from  the  required  isentropic 
spouting  velocity  (Co). 


Cp  (\  -  ^2^  2gY77^ 


The  isentropic  spouting  velocity  is  also  related  to  the 
energy  required  to  deliver  the  necessary  horsepower,  as  follows; 

.  Co2  SHPj  ^  550 

''gG  2g  "  tlj 

where  w--  is  the  turbine  flow  rate  andTj  is  the  turbine  efficiency. 

UVJ  i 

The  total  shaft  horsepower  is  given  by  the  sum  of  the  pump 

horsepowers . 

w  H  K.  ,  w-  H-  K.  .  ^ 

r,rm  OX  OX  ind  OX  .  f  f  ind,  f 

T  ■  550  T] -  550  T1  ^ 

‘pox  ^  'pf 


accounts  for  the  additional  power  requirements  of  the 
hydraulically  driven  inducer. 
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D.  COST  MODEL 

1.  Introduction 

The  cost  model  contains  mjor  areas  of  propulsion  costs  as  a  function 
of  the  most  important  parameters.  Costs  apply  to  stages  using  conventional  and 
aulvanced  engines.  This  cost  model  contains  the  elements  delineated  as  follows. 


a.  Development 

(l)  Engine  Figure 

(a)  Engineering  ^ 

(b)  Fabrication  i  X-D-1 

(c)  Testing  \ 

(d)  R&D  Tooling  J 

(e)  Propellants  X-D-2 

(f)  Facilities  (R&D  and  production)  X-D-3 

(g)  GSE  X-D-4 

(h)  Production  tooling  X-D-5 

\ 
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(2)  Airframe 


(a)  Engineering  and  project  control 


(b)  Tooling 


(c)  Hardware 


(d)  Stand  operation 


(e)  Propellant 


/  X-D.( 


b .  Production 


(l)  Engine 


X-D-7 


(a)  iTabrication  and  assembly 


(b)  Acceptance  testing 


X-D-8 


(2)  Airframe 


(a)  Fabrication 


(b)  Assembly 


(c)  Checkout 


(d)  Testing 


(e)  Miscellaneous  items 


X-D- 


( f )  Treuisportation 


X-D-10 
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The  costs  in  Figure  X-D-1  Include  all  engine  contractor 
costs  (and  fee)  through  engine  qualification  for  the  areas  listed.  Costs  'are  based 
upon  detailed  engine  cost  studies  at  2,000,000-  and  2k, 000,000-lb  sea- level  thrust 
levels.  These  costs  were  partially  established  under  Contract  NAS  5-1025  and  under 
recent  cost  studies. 


The  cost  difference  between  conventional  and  advanced 
engines  is  negligible  at  thrust  levels  of  1,000,000  lb  and  less.  However,  at  higher 
thrust  levels,  the  advanced  engine  (multiple  thrust  chambers,  single  pump)  becomes 
less  expensive.  The  reason  for  the  cost  difference  is  that  the  advanced  engine 
thrust- chamber  development  is  conducted  at  a  lower  thrust  level  because  of  its 
clustered  configuration.  The  Largest  cost  saving  results  from  the  injector  fabri¬ 
cation.  This  component  becomes  very  costly  to  fabricate  and  test  for  high  thrust 
levels . 
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Engine  development  cost  increases  by  a  rate  which  is  con¬ 
siderably  less  than  the  rate  of  thrust  increase.  Ihis  is  rationalized  as  follows; 

i 

If  the  same  type  of  development  program  was  maintained  as 
the  thrust  level  was  increased,  development  heirdware  emd  testing  costs  would  increase 
substantially,  but  engineering  costs  would  remain  constant.  However,  as  hardware  and 
testing  costs  increase,  it  becomes  economical  to  increase  engineering  effort  to  reduce 
the  number  of  tests  and,  therefore,  the  amount  of  development  hardware  required.  For 
each  thrust  level,  an  optimum  division  of  effort  exists.  Hiis  shift  of  effort  for  an 
optimum  program  results  in  the  development  cost  increase  with  thrust  level  shown  in 
Figure  X-D-1. 


(2)  Propellant  for  Engine  Development 

Propellant  requirements  for  engine  development  are  shown 
in  Figure  X-D-2.  These  requirements  are  based  upon  typical  engine  test  schedules. 

The  reduction  in  propellant  per  pound  of  thrust  reflects  the  assumption  that,  as 
engines  become  larger  and  hardware  and  testing  become  more  expensive,  greater  emphasis 
is  placed  upon  engineering  analysis  for  the  solution  of  problems. 

(3)  Facilities 

At  2, 000, 000- lb  thrust,  minor  modification  of  existing  or 
planned  facilities  are  adequaxe  for  vehicle  development,  production,  and  launch.  As 
thrust  is  increased,  available  facilities  diminish.  Then,  at  approximately  6,000,000- 
to  8,000,000-lb  thrust,  completely  new  facilities  are  required.  Figure  X-D-3  presents 
costs  based  upon  all  new  facilities.  This  new  facility  combines  engine  and  airframe 
development,  production,  and  launch  capabilities  as  follows: 
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(a)  Administration  euid  general  plant  services 

(b)  Four  combination  engine  and  stage  test  and  launch 
steinds  (two  additional  tept  stai.ds  sure  required  for  conventional  engines  because  of 
higher  produced  thrusts  of  the  TCA  tests) 

(c)  One  turbopump  assembly  two-position  test  stand 

(d)  Three  control  rooms  including  instrumentation 

(e)  Battleship-type  run  temks 

(f)  Propellant  storage  tauik 

(g)  Fabrication  and  assembly  plant 

(h)  Land  acquisition  and  development 

Each  test  st^  id  will  have  a  set  of  battleship- type  run 
tanks .  For  these  large  thrust  level  vehicles  it  was  assumed  thf  t  the  airfrarij  will 
be  developed  concurrently  with  the  engine.  Prior  to  the  engine  tests,  battleship- 
type  tanks  will  have  been  fabricated  and  coH-flow  tested. 

During  the  engine  testing  program,  several  stage  sub¬ 
systems  will  also  be  qualified  (i.e,  pressurization  system,  propellant  utilization 
system,  and  roll-control  system) .  Development  of  the  flight-weight  stage  will  begin 
after  the  bulk  of  the  engine  tests  have  been  completed. 

Itie  test  steinds  will  have  launch  capability.  This  permits 
stage  build-up  and  testing  without  requiring  the  moving  of  the  stage. 

(4)  Ground  Support  Equipment 

Ihe  ground  support  equipment  development  costs  in  Figure 
X-D-4  include  all  transportation  trailers,  installation  fixtures,  specieil  tools, 
ground  checkout  consoles,  ground  power  supply,  euid  any  other  special  equipment 
required  for  engine  operations. 
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Bie  cost  of  fabricating  a  sufficient  number  ol  units  to 
support  the  production  engine  program  is  also  included.  The  major  variable  in  ground 
support  equipment  costs  are  transportation  containers,  trailers,  and  installation 
fixtures.  Other  costs,  such  as  special  tools  and  checkout  consoles,  do  not  change  as 
the  thrust  level  increases. 

(5)  Engine  Production  Tooling 

The  cost  of  equipment  to  initiate  engine  production  is 
included  in  Figure  X-D-5.  Some  of  the  RSsD  tooling  included  in  engine  development 
cost  may  be  applied  to  engine  production.  However,  there  are  additional  production 
machines  and  fixtures  that  must  be  added. 

b.  Airframe  Development 

Costs  included  in  airframe  development  cover  the  engineering, 
project  control,  tooling,  and  hardware  expended  for  qualification  of  airframe  com¬ 
ponents,  test  area  operation,  and  propellants .  Manpower  requirements,  costs,  and 
schedules  were  developed  from  conferences  with  The  Martin  Company.  The  costs  shown 
in  Figure  X-D-6  include  only  one  delivered  stage.  Other  stages  are  charged  under 
production  costs.  Costs  eu:e  for  a  92-month  program.  This  represents  72  months 
after  delivery  of  the  first  unit. 

Development  cost  appears  to  have  minor  dependence  upon  thrust 
because  major  costs  eu:e  incurred  from  project  management,  functions  which  do  not 
vary  with  the  size  of  the  stage.  Therefore,  the  stage  development  cost  changes  only 
slightly  with  thinist  level. 
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3.  Production  Costs 


a .  Engine  Production 

(1)  Eabrication  and  Assembly 

Ibe  costs  shovn  in  Figure  X-B-T  include  raw  materials, 
fabrication  (or  outside  purchase  of  components),  inspection,  and  quality  control  of 
all  components,  engine  assembly,  support  engineering,  overhead  (general  and  adminis¬ 
trative),  and  contractor's  fees. 

Figure  X-D-7  was  prepared  by  plotting  known  cumulative 
average  production  costs  of  100  units  fcv  Lne  Titan  engines  and  several  recently 
proposed  engines  as  fUncticms  of  thrust  level.  Engine  costs  at  other  production 
quantities  can  be  determined  by  using  a  learning  curve  of  85?6.  The  costs  for  a 
2,000, 000-lb-thrust  booster  engine,  as  well  as  a  6,000,000-lb  thrust  engine,  were 
also  used. 


Figure  X-D-7  shows  a  substantial  r'  .action  in  engine 
production  cost-per-pound  of  thrust  as  thrust  is  Increased.  This  results  because 
there  are  a  substantial  number  of  fixed  costs  in  production  such  as  Inspection, 
support  engineering,  euid  quality  control. 

The  fabrication  cost  of  the  advanced  engine  is  8^  less 
than  that  of  the  conventional  engine  at  the  1,000, 000-lb- thrust  level.  At 
20,000,000-lb  thrust,  the  adveuiced  engine  is  Uo^  less  expensive  than  the  conventional 
engine.  The  cost  difference  is  due  largely  to  the  relative  simplicity  of  the  advanced 
engine  injectors  and  the  elimination  of  secondary  frames  eind  du-cs  for  turbopump 
mounting  and  turbine  exhaust  disposal.  The  adveuiced  engine  incorporates  a  simpli¬ 
fied  injector  in  each  combustor.  These  are  much  simpler  to  manufacture  than  the 
conventional  drilled- orifice  injectors. 
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The  time  to  fabricate  a  conventional  engine  injector  for 
high  thnist  levels  would  be  extensive  because  of  its  leurge  size,  welding  of  "pie 
shaped"  segments,  machining  of  external  surfaces,  drilling  of  holes,  and  machining 
around  strengthening  ribs  to  lighten  the  injector.  Also,  because  of  its  size,  the 
mounting  of  the  conventional  injector  in  the  fixtures  will  take  longer  and  be  more 
e:^-nsive. 


Fabrication  of  the  pumps  and  nozzle  should  be  approxi¬ 
mately  the  S6une  for  the  two  types  of  engines. 

(2)  Engine  Acceptance  Testing 

Rocket  engine  acceptemce  testing  requires:  (l)  installa¬ 
tion  of  the  rocket  engine  into  the  test  stand,  (2)  inspection,  (3)  installation  ..J 
instnxmentatlon,  (4)  checkout,  (5)  hot  firing  for  calibration,  (6)  Installation  of 
required  orifices  for  engine  balance  trim,  (j)  hot  firing  for  acceptance,  (8)  post¬ 
fire  inspection,  and  (9)  removal  from  the  test  stand. 

The  cost  of  acceptance  testing  of  major  components,  such 
as  the  thrust  chamber  assembly  and  turbopump  assembly,  is  also  Included.  Engine 
installation  inspection  and  installation  of  instrumentation  comprise  the  major  portlo.. 
of  the  cost  of  operations  that  are  dependent  upon  thrust  level. 

The  cost  of  these  operations  is  a  relatively  minor  portion 
of  overall  costj  therefore,  acceptemce  testing  cost  increases  very  slightly  as  thrust 
level  is  increased.  For  clustered  engines  that  are  tested  separately,  the  cost  of 
acceptance  test  per  engine  module  can  be  determined  directly  from  the  curve.  Clus¬ 
tered  engines  tested  as  a  unit  would  offer  a  small  savings  (approximately  30^)  over 
testing  of  the  separate  modules.  The  total  costs  are  shown  in  Figure  X-D-8. 
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b .  Airframe  Production 

(1)  Stage  Production  Cost 

nie  stage  production  costs  shown  in  Figure  X-D-9  include: 
(l)  stage  fabrication  (including  purchased  raw  materials  and  subsystems),  (2)  detailed 
fabrication,  (3)  assembly,  (li-)  production  checkout,  (5)  stage  acceptance  testing,  (6) 
postfire  checkout,  (7)  flight  instrumentation,  (8)  quality  control  and  inspection, 

(9)  flight  evaluation,  and  (lO)  documentation. 

These  costs  were  established  by  reference  to  the  Saturn 
S-II  proposal*  and  through  conferences  between  production  personnel  for  the  Aerojet- 
General  Corporation  and  The  Fkirtin  Compemy.  In  addition,  fabrication  costs  of  the 
cumulative  100-unit  average  were  estimated  for  the  airframe  of  a  2, 000, 000- lb- thrust 
Og/Hg  booster,  a  6,000,000-lb-thrust  Ogl^  booster,  and  a  2,000,000-lb-thrust  Og/RP-l 
booster.  By  comparison  with  these  design  costs,  the  costs  in  Figure  X-D-9  appear  to 
be  conservative.  Program  airframe  production  costs  were  calculated  using  a  learning 
curve  of  85^. 

Of  these  costs,  only  stage  fabrication  (exclusive  of  pro¬ 
duction  checkout)  shows  a  significant  amount  of  increase  as  size  increases.  This 
cost  increase  is  approximately  the  same  as  that  for  propellant  teuik  volume  (to  the 
two- thirds  power) .  As  a  consequence,  the  cost  per  pound  of  stage  production  decreases 
substantially  with  increased  stage  size. 

(2)  Stage  -'naportation  Cost 

The  stage  transportation  costs  in  Figure  X-D-10  include 
all  costs  involved  in  transporting  a  completed  stage  from  the  Aerojet-General  Liquid 


*  Aerojet-General  Corporation  Proposal  AGC-61102,  Saturn  S-II  Stage  Prime  Contractor, 
July  1961. 
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Rocket  Plant  In  Sacramento,  California,  to  Cape  Kennedy,  Florida.  This  Involves 
transpo3rtatlon  to  the  Sacramento  River  by  trailer  truck,  to  San  Francisco  by  barge, 
and  to  Cape  Kennedy  via  the  Panama  Canal  by  ship.  A  more  detailed  descrlptlo  .  of 
this  transportation  Is  available  In  the  Saturn  S-II  proposal. 

c .  Launch  Operations 

( 1)  Launch  Support 

Qhe  launch  support  costs  shown  In  Figure  X-D-U  Include 
those  stage  contractor's  personnel  that  are  required  at  the  launch  site.  Again,  the 
basis  for  establishing  this  cost  was  the  Satuzn  S-II  proposal.  Because  size  has  very 
little  effect  upon  personnel  required  for  this  function,  the  cost  Is  nearly  craisxant, 

(2)  Launch  Operation 

It  was  assumed  that  the  launch  operation  would  be  performed 
by  customer  personnel  at  the  launch  facility.  Because  a  staff  Is  continuxisly 
assigned  to  this  facility,  regardless  of  the  types  of  vehicles  being  launched,  no 
cost  was  Included,  except  for  range  time  for  the  actual  period  of  launching.  Remge 
time  cost  was  estimated  by  ascertaining  Titan  costs,  which  are  approximately  $60,000 
per  hour  for  eight  hours.  It  was  assumed  that  this  time  was  for  approximately  20 
equivalent  units  and  that  cost  Is  Independent  of  vehicle  size.  Based  upon  a  leeurnlng 
curve  of  85^,  the  average  cost  for  100  units  would  be  $330,000. 

d.  Propellant  Costs  fo'**  Operational  Vehicles 

Propellant  cost  for  engine  calibration,  acceptance,  stage 
acceptance  testing,  and  flight  Is  included.  Other  assumptions  are  noted  In  Figure 
X-D-12. 
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X,  Preliminary  System  Studies  (cont.) 

E.  EFFECT  OF  FIIM  COOLING  UPON  PERFORMANCE 


An  analysis  was  conducted  to  determine  the  effect  on  performance  of  using 
part  of  the  fuel  supply  as  a  film  coolant  in  the  thrust  chamber. 


Liquid  propellant  Introduced  for  film  cooling  causes  a  performance  degrade.- 
tlon  because  optimum  burning  of  this  propellant  cannot  be  achieved.  However,  some 
thrust  is  realized  from  the  expemding  coolcuit  over  the  nozzle  pressure  ratio.  Deter¬ 
mination  of  this  thrust,  from  \diich  final  performance  degradation  was  calculated,  is 
discussed  below. 


Hiree  methods  for  determining  the  amount  of  this  thrust  contribution  were 


analyzed: 

(1)  The  gaseous  coolant  film  e^qpands  isentroplcally  as  an  ideal  gas 
in  a  sepeurate  boundary  layer  next  to  the  nozzle  wall  as  if  it  were  passed  through  a 
convergent-divergent  nozzle  (see  Figure  X-D-l). 


(2)  Ibe  gaseous  coolant  is  assumed  to  expand  with  partial  mixing 
along  the  flow  path,  through  the  nozzle,  with  the  propellant  combustion  products 
(see  Figure  X-E-2). 


(3)  gaseous  coolant  is  assumed  to  expand  with  complete  mixing 
with  the  propellant  combustion  products  (shown  also  in  Figure  X-E-2). 

Each  of  the  above  methods  is  discussed  below. 

Very  little  mixing  occurs  between  the  film  coolant  euid  main  stream, 
therefore  the  average  between  losses  occvirring  as  a  result  of  no  mixing  and  partial 
mixing  is  considered  most  valid. 
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X,  E,  Effect  of  Film  Cooling  Upon  Performance  (cont.) 

Burning  of  the  fuel  film  by  injecting  oxidizer  dovmstream  was  also 
investigated  to  determine  if  any  performance  loss  could  be  regained. 

1.  No  Mixing  with  the  Main  Stream 

Various  amounts  of  fuel  film  coolEuit  and  different  locatlcxis  of 
injection  were  considered.  The  fuel  (AeroZINE  was  assumed  to  decompose  at  the 
point  of  injection. 

Other  assumptions  are  as  follows; 

a.  AeroZINE  ^0  is  the  film  coolant  and  is  injected  as  gaseous 
decomposition  products  at  a  temperature  of  l800"F  emd  a  pressure  equal  to  that  of 
the  propellant  combustion  products  at  the  injection  point  in  the  nozzle. 

b.  Ihe  gaseous  coolant  is  a  nonreactlve,  homogeneous  mixture  during 
its  flow  through  the  nozzle  and  acts  like  an  ideal  gas  with  a  constant  specific  heat 
ratio  of  1.25. 


c.  ISie  gaseous  coolant  is  injected  at  Mach  1  for  points  downstream 
of  the  thrust  chamber  throat. 

d.  Uie  equivalent  chamber  pressure  for  the  gaseous  cjoleuit  injector 
is  300  psis  for  positions  of  injection  upstream  of  the  thrust  chamber  throat. 

e.  The  properties  of  the  propellant  NgOj^/AeroZINE  50  are  calculated 
for  conditions  of  shifting  equilibrium. 

f.  Nozzle  and  combustion  efficiencies  are  each  0.97 

The  theoretical  model  assumes  the  coolant  gas  film  as  flow 
through  a  separate  DeLaval  nozzle.  Tie  total  performance  is  calculated  by  adding 
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X,  £,  Effect  of  Film  Cooling  Upon  Performance  (cont.) 

the  thrust  of  the  coolant  gas  flow  to  the  thrust  of  the  main  stream  combustion  pro¬ 
ducts  at  the  seune  preesuTv''.  The  position  along  the  equivalent  nozzle  is  then  deter¬ 
mined  by  adding  the  cross-sectional  areas  of  the  coolant  gas  flow  nozzle  to  the  main 
stream  cooibustion  products  nozzl*  at  this  pressure,  and  locating  this  cross-sectional 
area  on  the  equivalent  nozzle. 

Figure  X-E-3  is  a  graph  of  the  loss  in  specific  inpulse  versus 
the  percent.tge  of  the  fuel  used  for  film  coolant  for  various  locaticms  of  fuel 
injection.  The  data  for  Figure  X-E-3  £u:e  determined  at  the  same  nozzle  centerline 
distance  and  cross-sectional  eirea.  Tbls  carrespcods  to  different  area  ratios  (see 
Figure  X-E-l)  for  each  case  of  film  coolant  flow  rate  because  the  resulting  nozzle 
throat  eirea  varies  in  direct  proportion  to  the  propellant  flow  rate  from  the  com¬ 
bustion  chamber. 


13ie  results  of  this  analysis  show  both  the  performance  degrada¬ 
tion  Msoclated  with  various  amounts  of  fuel  used  for  film  cooling  and  the  effect  of 
injection  location  upon  the  amounts  required. 

2.  Partial  Mixing  with  the  Main  Stream 

The  following  assumptions  are  made  to  analyze  partial  mixing  of  the 
fuel  coolant  film  with  the  combustion  products  in  the  rocket  nozzle. 

All  of  the  coolant  film  and  eui  equal  amount  of  the  combustion  pro¬ 
ducts  mix  completely  and  Instemtaneously  at  some  prescribed  pleme  section  in  the 
nozzle . 


The  properties  of  the  mixture  are  determined  by  Msuming  the  two 
constituents  are  ideal  gases  and  mix  at  the  pressure  of  the  main  combustion  products 
stream. 
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X,  E,  Effect  of  Film  Cooling  Upon  Z?erforrnance  (cont.) 

The  nozzle  la  stepried  at  the  mixing  section  to  allow  for  the 
expansion  of  the  fuel  as  it  changes  to  a  decomposed  gas  and  miivcs  with  the  combustion 
products  stream. 


The  mixture  expands  laentroplcally  to  the  exit  plane. 

Uie  properties  and  performance  data  of  the  combustion  products  of 
N20j^/AeroZIIlE  30  are  baaed  upon  shifting  equilibrium  condltl(Xis. 


Bie  performance  and  properties  of  the  mixture  .ore  calculated  at  the 
pressure  of  the  main  stream  at  the  exit  eu:ea  in  question. 

The  performances  of  the  two  streams  at  the  exit  plane  axe  added 
together  and  compared  with  the  performance  of  a  nozzle  with  the  same  cross-sectional 
area  but  without  film  cooling. 

Bie  results  of  this  emalysls  are  shown  in  Figure  X-E-U. 

3.  Complete  Mixing  with  the  Main  Stream 

mie  complete  mixing  emalysls  is  made  in  two  parts.  In  Fart  A,  it 
is  assumed  that  all  of  the  fuel  film  decomposes  and  mixes  Instantly  with  the  whole 
main  gas  stream  at  the  same  prescribed  cross-sectional  area.  Other  Eissiunptlons  are 
as  follows: 

(1)  The  combustion  products  act  as  an  ideal  gas  before  mixing  for 
frozen  equilibrium  flow. 

(2)  Biere  is  no  abrupt  change  in  cross-sectional  area  of  the  nozzle 
at  the  mixing  station;  therefore,  the  pressure  in  the  expansion  section  will  be  higher 
than  for  the  nozzle  without  film  cooling  because  of  the  mixing  process. 

(3)  Ihe  mixture  expeuids  isentroplcally  as  an  ideal  gas  in  frozen 
equilibrium  to  the  exit  plane. 
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X,  E,  Effect  of  Film  Cooling  Upon  Performance  (cont.) 

(4)  A  comical  nozzle  is  aasvuned  (see  Figure  X-E-^)  with  the  com¬ 
parison  in  performance  made  at  the  same  cross-sectional  area  for  a  conical  nozzle 
without  film  cooling. 

In  Part  it  is  assumed  that  small  (differential)  amounts  of  the 
fuel  film  evaporate,  decompose,  and  mix  completely  with  the  combustion  products  at 
each  point  along  the  entire  length  of  the  e:q>ansl(Xi  cone.  A  numerical  integration 
procedure  is  used  to  calculate  the  performance  of  the  propellants  at  the  exit  plane. 

Ihe  results  of  the  Emalysis  for  complete  mixing,  (Parts  A  and  B)  are 
presented  in  Figure  X-E-6. 

4.  Film  Coolant  Burnoff 


The  purpose  of  burning  off  the  film  coolant  is  to  increase  the  exit 
velocity  of  the  boundary  layer.  This  can  be  achieved  by  increasing  the  tenperature 
of  the  film  by  burning  it  with  oxidizer.  Bie  resultant  increase  in  boundary  velocity 
is  accomplished  at  the  expense  of  the  mainstream  since  the  oxidizer  flow  rate  required 
for  injection  is  deducted  from  the  mainstream  flow. 

Die  analysis  was  conducted  for  oxidizer  injection  at  various 
pressures.  The  results  of  this  auialysls  are  presented  in  Figure  X-E-J.  This  figure 
shows  percent  I  loss  as  a  function  of  percent  of  fuel  used  for  film  cooling  with 
variations  in  oxidizer  injection  pressure. 

An  outline  of  the  method  of  analysis,  together  with  the  pertinent 
assunptlons,  follows. 


a.  Assumptions 

(1)  Frozen  equllbrium  flow  in  mainstream  and  boundary  layer. 

(2)  Wo  mixing  between  the  boundary  layer  and  mainstreeun. 
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(3)  Chamber  pressure  of  3000  psla. 

(4)  Mixture  ratio  of  2.2 ;1  in  chamber  combustion  and  boimdsuy 

combustion. 


{3)  AeroZISE  30  coolant  injected  emd  decomposed  above  the 
exit  plane  of  chamber.  Decooiposition  temperature  l800*F  at  Mach  1  conditions 
stagnation  temperature). 


(6)  Gas  e3q>£uided  to  6Ui  Eurea  ratio  of  100:1 

(7)  Initial  fuel  and  mainstream  velocities  (in  chamber)  eure 

neglected . 


(Q)  Oxidizer  is  injected  at  a  velocity  of  200  ft/sec  and  at 
8U1  angle  of  15"  to  the  boundeiry  layer. 


(9)  Boundary  layer  combusts  at  the  chamber  combustion  tempera¬ 
ture  corresponding  to  the  injection  pressure  at  2.2  mixture  ratio. 

(10)  Isentropic  flow  exists  for  all  streams. 


b .  Ifethod 


The  main  stream  velocity  is  determined  by  the  energy  equation 
Vg  =  2g  JAh  p  - 

where 

Vg  =  exit  velocity,  ft/sec 
Ah  =  enthalpy  change,  Btu/lb 

Cp  =  specific  heat  at  consteint  pressure,  Btu/lb-“R 
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o  =  778,  ft-lb/Btu 

=  combustion  temperature,  *R 

Pe  =  exit  presBxire,  psia 
Pc  s  chamber  pressure,  psia 
K  =  ratio  of  specific  heats 
!Ilie  area  of  the  mainstream  is  determined  by, 

W  =  A  V 

W  =  mainstream  flow  rate,  iL/sec 

p  =  exit  density,  Ih/fir 

2 

A  =  exit  area,  jft 

and  the  exit  density  is  determined  from  isentroplc  ejqiansion  from  chamber  conditions, 

1/k 


The  velocity  of  the  boundary  layer  is  determined  in  steps. 


•vrtiere; 


i.e.,  pe  =  pc  =- 


^Pi 

•vrtiere  the  terms  are  as  previously  defined,'  but  apply  to  the  uncombusted  fuel  film 
coolant.  The  term  refers  to  the  pressure  of  the  injection  and  Tp  is  the  decom¬ 
position  temperature.  The  oxidizer  is  then  injected  smd  the  velocity  of  the  mixture 
is  determined  by  the  conservation  of  momentum 

+ 


W  V 
m  m 


W  V 
FT 


W  V  cos  15* 
00 


where  the  subscripts  are 


m  =  combusted  mixture 

F  =  fuel  film  coolant 

0  =  oxidizer  ^jectant 
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!Ilhe  exit  velcolty  of  the  combusted  boundary  layer  la  determined  In  the  same  manner 
as  that  of  the  mainstream. 


Where  V,,  Is  the  exit  velocity  of  the  boundary  layer  and  Is  defined  In  the 
^■BL  ^1 

ninth  assumption.  The  area  of  the  boundary  layer  Is  found  from  the  following 

ej^ressioa: 

‘  vw 

The  density  at  the  point  of  combustion  Is  determined  from  the  perfect  gas  law, 

?  =  ^ 

RT 

This  denslvy  Is  then  expanded  Isentroplcally  to  the  exit  condition. 


When  the  total  area  corresponds  to  an  area  ratio  of  100:1  the 
percent  loss  of  specif -o  -jpulse  can  be  determined  eis  previously  outlined. 


F.  FERFQEtMABCE  OF  NETfllilZED  PROPRT.TANT  SYSTEMS 

Vehicle  perfornance  comparisons  were  prepared  for  several  advanced  pro¬ 
pellant  comblratlons  In  order  to  establish  the  best  operating  pressure  for  each. 

The  advanced  propellants  analyzed  were;  NgOj^/NgHj^  +  Al,  NgOj^/NgHj^  +  AlH^,  NgOj^/NgH|j^ 

+  Be,  NgOj^/NgHj^  +  BeHg,  HgOg/NgHj^  +  Al,  HgOg/NgHj^  +  AlH^,  HgOg/NgHj^  +  Be  and 

Only  slngle-steige-to-300-nm-orblt  vehicles  were  analyzed  because  they 
provide  the  most  significant  payload  differences  for  different  engine  configurations 
and  more  adequately  define  peak  chamber  pressures.  It  has  alreeidy  been  shown  that 
the  qualitative  comparison  of  the  various  configurations  Is  Independent  of  the  vehicle 
mission.  The  engine  configurations  considered  are  listed  below. 
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DeLaval  nozzle — gas  generator  cycle 

DeLaval  nozzle— stoged-caaibustloa  cycle 

Forced-deflection  nozzle— gas  generator  cycle 

Forced-deflection  nozzle— ataged-combustion  cycle 

E^qperience  baa  shown  relatively  large  changes  in  area  ratio  about  the 
optinua  value  result  in  vezy  small  losses  in  payload  capability.  Therefore,  the 
rigorous  analysis  necessary  to  determine  the  optimum  area  ratio  for  each  netalized 
propellant  coabinatlon  la  not  required;  the  optinua  area  ratios  determined  for 
NgOj^/AeroZHIE  30  propellants  will  be  used  to  deterelce  tho  payload  capability  of 
the  propellants  under  conalderatlon. 

The  thrust  chamber  mixture  ratios  used  were  those  reported  in  the  pro¬ 
pellant  inveatigatlon  portion  of  this  contract  and  selected  on  the  basis  of  optimum 
e:qpaiuion  sea- level  specific  Impulse.  The  percentage  of  additive  added  to  the 
fuel  was  determined  in  the  same  manner. 

On  the  basis  of  these  parameters,  and  using  all  methods,  constants,  and 
engine  weight  used  for  HgOj^/AeroZUIE  30,  the  final  performance  curves.  Figures  X-F-1 
through  8,  were  prepared.  These  curves  present  relative  payloads  as  a  function  of 
chamber  pressure.  A  relative  payload  of  1.0  corresponds  to  a  conventional  NgOj^/Aero- 
ZmE  engine  (DeLaval  nozzle,  gas-generator  cycle,  lOOO-psia  chamber  pressure).  The 
N20]^/AeroZIIIE  30  system  is  shown  in  Figure  X-F-9  for  comparison. 

For  each  propeLlant  combination,  a  complete  cycle  analysis  was  necessary 
for  both  the  staged-combustlon  emd  gas-generator  cycles.  For  the  NgOj^^  systems,  a 
tripropellant  cycle  was  adopted  utilizing  NgOj^/NgHj^  for  the  gas  generator  in  order 
to  eliminate  the  difficulty  attendant  with  driving  the  turbine  with  hot  metallzed 
peurticles.  Mixture  ratios  were  selected  to  provide  a  turbine  inlet  temperature  of 
1200"F.  In  the  I^Og  systems,  a  monopropellant  cycle  using  HgOg  only  in  the  gas 
generator  was  adopted.  This  enables  use  of  the  simpler  two-pump  system  using  a 
proven  monopropellant  in  the  gas  generator.  This  results  in  a  turbine  inlet 
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temperature  of  1700*F  and,  therefore,  a  considerable  gain  in  performance  resulting 
trxm  this  high-energy  gas.  All  other  aspects  of  the  cycle  analysis  paralleled  those 
of  the  ]l20]^/AeroZIllE  30  systems. 


The  results  of  the  performance  calculations  are  sumnarlzed  below. 

EHQIHE  CQHFIGURAnOH 

Forced- 

DeLaval, 

Propellant 

Delaval,  Gas 

Deflection, 

Staged- 

Forced-Deflection, 

Combination 

Generator 

Gas  Generator 

Combustion 

Staged  Combustion 

JfgO^/AeroZJDJE  30 

10036* 

17236 

18936 

21736 

V® A  +  ^ 

306 

346 

352 

403 

^ 

420 

440 

468 

302 

®2 

430 

492 

503 

576 

»2V*A  * 

360 

633 

61B 

710 

A  *  ^ 

358 

397 

435 

478 

Vp/^A  * 

472 

530 

360 

626 

®2°2/®A  * 

543 

610 

674 

737 

®2V®2®4  ®®®2 

693 

795 

863 

975 

*kU.  TCrformance  figures  are  maximum  relative  payloads  with  the  exception  of  the 
N204/AeroZIIiE  30,  DeLaval  nozzle,  gas-generator  cycle  engine,  which  is  at  1000- 
psla  chamber  pressure  (l.e.,  a  conventional  engine). 
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A.  INTRODUCTION  AND  SUMMARY 

The  objective  of  the  Final  Sj'stem  Study  was  to  establish  the  benefits 
resulting  from  incorporating  the  advanced  features  of  high  chamber  pressure,  staged- 
combustion  engine  cycle,  and  altitude  compensating  nozzles  in  future  l_quld  rocket 
engines.  While  the  Preliminary  Systems  Study  had  the  same  objective,  the  Final 
Systems  Study  was  accomplished  at  the  end  of  the  program  and  could  therefore  include 
results  from  this  and  other  recent  programs. 

The  analysis  was  conducted  using  parametric  weight  data  based  on  design 
experience  and  theoretical  specific  impulse  data  corrected  for  known  real  effects. 
Much  of  this  analysis  was  identical  to  that  in  the  Preliminary  System  Studies  except 
that  the  latest  data  were  used.  Two  additional  effects  were  included  as  a  result 
of  data  that  were  available  only  recently:  (l)  a  film-cooling  model  reflecting 
the  effect  of  film  cooling  on  specific  iiapulse  as  a  function  of  chamber  pressure 
and  (2)  nonideal  compensation  in  forced  deflection  nozzles. 

The  results  presented  in  Figures  XI-F-7  through  -9  clearly  show  the 
benefit  of  using  high  chamber  pressure  for  staged-combustion  cycle  engines.  These 
curves  are  relatively  flat  between  2500  and  5000  psia,  with  some  variation  in 
optimum  pressure  depending  on  the  stage  application.  Payload  variations  within 
the  range  are  probably  within  the  accuracy  of  the  analysis.  Therefore,  selection 
of  chamber  pressure  within  this  range  should  be  influenced  by  other  practical 
factors  that  were  not  Included  in  this  analysis.  Use  of  existing  facilities  and 
experience  would  dictate  selection  of  a  chamber  pressure  of  3000  psia  or  below. 
Similar  conclusions  were  reached  in  the  Preliminary  Systems  Study.  However, 
unlike  the  results  rf  the  Pi'elimlnary  Systems  Studies,  the  altitude  compensating 
nozzles  show  no  benefit.  This  was  partially  due  to  the  nonideal  compensation 
effects  used  that  were  not  used  in  the  Preliminary  Systems  Studies  and  partially 
due  to  the  chc'ce  of  20  modules  for  the  engine  system  studied.  This  required  use 
of  a  large  base  area,  which  results  in  igher  performance  losses  attributable  to 
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the  nozzles.  Use  of  eight  modules  might  still  show  significant  benefit  for  the  forced- 
deflection  nozzle.  Therefore,  the  conclusion  regarding  altitude  compensating  nozzles 
is  that  the  best  nozzle  to  use  will  depend  on  the  specific  application.  The  optimum 
chamber  pressure  for  a  gas-generator  cycle  engine  is  slightly  3 -'ss  than  2000  psia. 

A  detailed  investigation  of  the  effects  of  cost  considerations  on  the 
s^'lection  of  the  optimum  chamber  pressure  was  performed  as  part  of  the  Preliminary 
System  Studies  (see  Section  X,D).  Ihe  conclusion  was  that  the  costs  attributable 
to  change  in  chamber  pressure  were  relatively  minor,  and  that  optimum  chamber 
pressure  should  be  based  upon  maximum  payload  conditions.  This  cost  study  was 
reviewed  as  part  of  the  Final  System  Studies;  it  was  determined  that  the  information 
and  philosophy  presented  in  that  study  is  still  current  and  that  no  new  information 
exists  which  would  alter  the  results.  Therefore,  it  is  concluded  that  cost  is  not 
a  major  consideration  in  the  selection  o^  optimum  chamber  pressure;  the  selection 
should  be  based  upon  performance  advantages. 

B.  ENGINE  AND  STAGE  CONFIGURATIONS 

This  analysis  was  restricted  to  NgO^/AeroZINE  ?0  propellants,  but 
otherwise  includes  all  the  other  previously  studied  parameters:  chamber  pressure, 
expansion  ratio,  stage  application,  DeLaval  and  forced-deflection  nozzles  and 
staged-combustlon  and  gas-generator  cycles. 

The  basic  engine  configuration  utilized  for  booster  and  single-stage 
applications  was  the  20-module  2,000,000-lb  total  thrust  system  recently  inten¬ 
sively  studied  at  Aerojet  (using  Aerojet's  Advanced  Storable  Engine  concept). 

This  engine  was  chosen  in  order  to  benefit  from  study,  and  has  been  investigated 
with  both  DeLaval  and  forced-deflection  nozzles.  Twenty-module  forced-deflection 
and  DeLaval  engine  Installations  are  shown  in  Figures  XI-B-1  and  XI-B-2,  respec¬ 
tively. 


The  upper-stage  engine  contains  four  100,000-lb-thrust  modules  with 
DeLaval  nozzles. 
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C.  MODULE  AND  ENGINE  PERFORMANCE 


1.  Module  Performance 


No  performance  penalty  is  associated  with  the  staged  cycle;  the 
gas-generator  cycle,  however,  has  such  a  penalty,  which  was  evaluated  from  data 
presented  in  Section  X,C,U  for  a  turbine  inlet  temperature  of  16to®F.  Figure 
X-C-5  gives  the  pump  work  as  a  function  of  thermo chemical  specific  impulse  and 
chamber  pressure,  and  Figure  X-C-3gives  the  cycle  specific  impulse  degradation 
as  a  function  of  thermochemical  plus  pump  work  specific  impulses.  As  summarized 
in  Figure  Xr-C-2,  the  net  specific  impulse  before  combustion  and  expansion  is 
thermochemical  alone,  for  the  staged  cycle,  and  thermochemical  plus  pump 

work  less  cycle  degradation,  I,  for  the  gas-generator  cycle. 

A  98^  combustion  efficiency  was  used  throughout  this  study.  The 
percent  specific  impulse  loss  due  to  film  cooling  was  computed  as  Uo  times  the 
ratio  of  film  cooling  flow  rate  (from  Figure  VIII -E-U)  to  t'jtal  module  flow  rate. 
Film  cooling  efficiencies  T]p^,  are  shown  in  Figure  XI-C-1. 

2.  Nozzle  Performance 


DeLaval  nozzle  efficiency  includes  the  effects  of  geometry, 
friction  and  real  gas  losses.  A  constant  value  of  96.2^  was  used  in  this  study; 
a  constant  value  is  reasonable  since  the  sum  of  geometry  and  friction  losses 
remains  nearly  constant  as  area  ratio  increases.  A  12®  nozzle  exit  angle  was 
also  assumed;  while  an  extensive  tradeoff  study  between  nozzle  weight  and  per¬ 
formance  as  a  function  of  exit  angle  was  not  performed,  the  12®  angle  is  near 
optimum. 
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XT,  C,  Module  and  Ecgine  Performance  (cont.) 

Forced-deflection  nozzle  designs  were  accomplished  within  the 
following  constraints: 


a.  Twenty  modules  of  constant  TEA  housing  size  with  1-in.  clear¬ 
ance  between  adjacent  housings. 

b.  Module  throat  area  varying  inversely  with  chamber  pressure. 

c.  Internal  expansion  section  exits  touching. 

d.  Forced-deflection  skirt  exit  angle  of  12.5“. 

Geometric  performance  losses  were  derived  from  data  in  Ref  1  and 
friction  losses  from  Ref  2.  Real  gas  losses  were  those  discussed  in  Section  VIII, A. 

As  with  the  DeLaval  nozzles,  the  exit  angle  has  not  been  optimized 
for  maximum  payload. 

Delivered  specific  impulse  for  the  staged  cycle  forced-deflection 
nozzles  as  a  function  of  ambient  pressure  is  show:i  in  Figures  XI-C-2  through  4. 

c.  Net  Performance 

Net  specific  Impulse  efficiencies,  and  delivered  vacuum 

specific  Impulses,  are  presented  in  Fipire  XE-C-l.  Also  presented  are  the 

injector  mixture  ratio,  which  corresponds  to  maximum  specific  impulse,  along 

with  the  engine  mixture  ratio,  MR^, 
additional  oxidizer  for  film  cooling. 


and  bulk  density,  PBg,  which  include  the 
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D.  TRAJECTORY  SIMULATION 

The  mission  considered  was  a  300"NM  orbit  with  polar  launch  (nonrotating 
earth).  This  trajectory  was  simulated  by  means  of  Aerojet  Computer  Program  293 
utilizing  a  Titan  drag  coefficient  and  the  I962  ARDC  model  atmosphere.  Significant 
trajectory  shaping  parameters  are: 

Vertical  rise  to  280  fps 

Instantaneous  "kick"  in  missile  attitude 

Constant  attitude  until  angle  of  attack  returns  to  zero 

Gravity  turn  trajectory  to  staging  point 

Constant  pitch  rate  until  orbital  velocity  is  reached  at  50  HM 

Hohmann  transfer  to  3OO  UM  (impulsive  burning) 

Tlie  size  of  the  orbital  payload  for  this  engine  indicates  that  a 
manned  mission  is  likelyj  therefore,  the  single-stage  system  is  throttled  to 
reduce  maximum  accelerations  to  a  tolerable  level;  this  also  permits  lightweight 
airframe  design.  The  resultant  similarity  in  thrust-to-weight  vs  time  histories 
between  single-  and  two-stage  vehicles  permits,  with  judicious  selection  of  ground 
rules,  use  of  data  from  a  single  trajectory  simulation  for  both  vehicles. 

The  ground  rules  selected  are: 

Constant  booster  or  single-stage  liftoff  weight:  1,450,000  lb. 

Constant  booster  or  single-stage  initial  phase  propellant  flow  rate: 

7273.2  Ib/sec. 

Constant  booster  or  single-stage  initial,  phase  propellant  wt: 

1,105,000  lb. 

Constant  vehicle  diameter:  I8  ft. 

The  single-stage  engine  flow  rate  is  reduced  to  25^  of  the  initial 
value,  corresponding  to  shutting  down  I5  out  of  20  modules.  The  second-stage 
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XL,  D,  Trajectory  Slaulatlon  (cont.) 

engine  incorporates  four  modules,  \dilch  operate  at  constant  flow  rate.  In  con¬ 
junction  with  the  value  selected  for  the  propellant  weight  for  the  high-thrust 
phase,  the  second-stage  liftoff  thrust -to-weight  ratio  is  nearly  equal  to  that 
for  the  single-stage  immediately  after  throttling  because  both  thrust  and  liftoff 
weight  are  lower.  While  shutdown  of  l6  modules  would  be  more  desirable  for 
either  single-stage  nozzle  type,  the  conclusions  of  this  study  would  not  be 
appreciably  different. 

The  constant  flow  rate  assumption  leads  to  considerable  analytic 
simplification  as  compared  to  a  constant  liftoff -thrust  condition.  Since  the 
sea-level  specific  impulse  varies  from  engine  to  engine,  the  study  incorporates 
a  variable  liftoff  thrust -to-weight  ratio  with  the  resulting  variation  in  gravity 
losses.  The  effect  of  changing  assumptions  is  discussed  in  Section  Xr,P. 

Figures  XE-D-1  and  2  show  the  total  velocity  increments  found  for 
staged-cycle,  single-stage  vehicles  with  DeLaval  and  forced-deflection  nozzles, 
respectively.  The  correlation  between  velocity  increment  and  the  ratio  of  sea 
level  to  vacuum  specific  Impulse  and  the  sea  level  specific  impulse  itself  is 
well  supported  by  the  data.  This  correlation  was  used  to  determine  the  total 
velocity  increment  for  the  gas -generator-cycle  vehicles. 

Single-stage  engine  parameters  are  identical  in  both  high-and  low- 
thrust  phases  since  no  loss  in  vacuum  performance  has  been  found  for  forced- 
deflection  nozzles  for  throttling  down  to  as  low  as  50^fc. 

Booster  stages  are  topped  by  a  standard  second  stage  with  fixed 
^:ngine  configuration;  the  liftoff  weight  is  variable  according  to  first-stage 
Jettison  weight  and  propellant  weight  as  necessary  to  supply  a  velocity  increment 
equal  to  that  of  the  single-stage  throttled  phase.  Standard  second-stage  per¬ 
formance  was  that  of  staged-cycle,  2800-psia  engines  at  an  area  ratio  of  83:1 
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Id,  D,  Trajectory  Simulation  (cont.) 

with  Jettison  weight  equal  to  7980  lb  plus  3* 025^1  of  propellant  wei^t.  Parametric 
second  stages  are  sized  to  provide  a  velocity  increment  of  15»500  ft/sec  at  a 
constant  liftoff  weight  of  300,000  lb. 
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E.  WEIGHT  SUMMRY 


1.  Nodules 


The  constant  flov-rate  base  permits  evaluation  of  module  weight 
as  a  function  of  pung)  discharge  pressure  only.  Pun^  discharge  pressures  used  for 
the  gas-generator  cycle  are  slightly  more  conservative  than  the  values  shown  In 
Figure  X-G-8.  Fungi  discharge  pressures  for  both  cycles  at  a  turbine  Inlet  tengiera- 
ture  of  1670°F  aie  summarized  In  the  following  table.  !Rie  turbine  gases  are 
ozldlzer-rlch  In  the  staged  cycle  and  fuel-rich  In  the  gas-generator  cycle.  The 
cycle  analysis  Is  based  on  efficiencies  of  71%  for  the  turbine,  73^  for  the  oxidizer 
pungi,  and  71  and  60%  for  first-  and  second-stage  fuel  pong'r,  respectively. 

The  module  weights,  up  to  a  nozzle  expansion  ratio  of  l4:l,  are 
found  from  Figure  X-B-3  and  summarized  below. 


Pump  Discharge  Pressure,  ^k>dule  Wel^t, 


Chamber 

psl 

lb 

Pressure, 

Staged 

Gas -Generator 

Staged 

Gas -Generator 

psl 

Cycle 

Cycle 

Cycle 

Cycle 

1000 

2800 

l400 

310 

237 

2000 

4100 

2700 

375 

305 

2800 

5400 

3800 

4l6 

360 

Uooo 

7300 

5350 

470 

4l0 

5000 

10000 

6700 

538 

462 

2. 

Nozzles 

Regenerative  DeLaval  nozzle  weights  were  calculated  by  the  method 
presented  In  Section  XI, G. 


The  skirt  weight  of  the  forced-deflection  nozzle  was  computed  by 
evaluating  the  contours  generated  for  this  study  at  the  0.0777  Ib/ln.  burnout 
weight  computed  for  the  contour  shown  In  Figure  XI-B-1. 
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The  ski3rt  consists  of  a  1-in.  honeycomb  structure  together  with 
varying  thicknesses  of  asbestos  phenolic  backup  and  carbon  or  silica  cloth  facing 
as  required.  Approximately  600  lb  ablation  for  the  illustrated  contour  was  neglected 
in  evaluating  the  payload  capability  of  this  type  nozzle. 

Skirt  weights  at  burnout  are  shown  in  Pigiore  XI-E-1. 

3.  Engines 

The  engine  components  other  than  modules  and  nozzles  are  summarized 
in  Figure  XE-E-2.  !Ilie  rack  and  rail  glmbal  concept,  shown  in  Figure  XI-E-3  is  used 
for  pitch  and  yaw  control  of  the  forced -deflect ion  engine;  roll  control  io  provided 
by  four  small  engines  fed  from  the  booster  punq)s.  The  DeLaval  nozzles  are  gimbaled 
and  provide  inherent  roll  control.  Weight  variation  of  thrust  vector  control  with 
study  parameters  is  neglected. 

4.  Airframes 

Airframe  weights,  summarized  in  Figure  XI-E-4,  were  evaluated  for 
aluminum  skin  and  stringer  construction  by  means  of  scaling  relationships  based  on 
the  Titan  II  and  independent  engineering  estimates.  A  bulk  ullage  of  for 

propellants  loaded  at  7?“P  was  calculated  to  provide  tank  pressure  variation  of 
20  to  50  psia  for  propellant  temperature  variation  of  40  to  90‘’F.  Pressurization 
residuals  at  0.212  Ib/ff^  were  utilized,  corresponding  to  oxidizer  vapor  pressure 
at  70®F  and  fuel  tank  pressurized  to  50  psia  by  products  of  combustion  at  150®F 
and  molecular  weight  of  20.  A  propellant  residual  equal  to  0.5^t  of  useful  pro¬ 
pellant  weight  is  included  to  provide  for  high  piobabllity  mismatch  between  engine 
and  loaded  mixture  ratios. 

Interstage  weights  were  computed  at  11.1  Ib/in.  of  length  based 
on  constant  first-stage  thrust -to -weight  ratios  and  constant  second-stage  liftoff 


Page  XI-9 

CONFIDEIITML 


Book  Tvo 


XI f  E,  Wklght  SuMMry  (eont.) 

Might!.  Interctagt  lengths  were  coegtuted  based  on  a  O.7/I  elliptic  flrat-atage 
forvard  head  and  a  conical  second-stage  tank  hottoa.  Four  second-stage  modules 
vlth  OaLaval  nofctles  are  located  such  that  the  enrelope  of  the  four  nozzle  exits 
Is  36  In.  leas  than  the  Interstage  diameter  (18  ft).  !Ihe  Interstage  Is  split  I8  In. 
forward  of  the  second-stage  nozzle  exit  plane,  resulting  In  a  constant  first-stage 
portion  and  a  second-stage  length,  equal  to  the  sum  of  engine  lengtn  and  nozzle 
exit  radius. 


Estimated  auxiliary  system  weights  are  Included  In  the  stage 
jettison  weight.  The  payloads  presented  In  this  study  are  therefore  net,  or 
useful  weights.  Stage  mass  fractions  for  area-ratlo-optlmlzed,  stsged-cycle 
2600  pal  engines  with  DeLaval  nozzles  are  O.96U,  O.960,  and  0.938  for  single, 
booster,  and  upper  stages,  respectively. 
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F.  RESULTS 

As  previously  discussed,  all  payloads  vere  computed  on  the  basis  of 
the  mixture  ratio  for  optimum  vacuum  specific  impulse,  biased  to  the  oxidizer- 
zlch  side  by  film-cooling  requirements.  Optimum  area  ratios  vere  determined  first 
and  the  corresponding  x>ayloads  used  to  determine  the  optimum  chamber  pressure  for 
the  various  cycles,  stages,  and  nozzles. 

1.  Area  Ratio  Optimization 

The  data  shovn  in  Figures  XI-F-1  through  5  were  derived  for  a 
preliminary  film-cooUng  model.  The  change  to  the  final  film-cooling  model  does 
not  affect  the  area -ratio-  optimization;  therefore,  the  new  model  was  applied  to 
only  optimized  area  ratios  in  the  chamber -pres sure  optimization. 

As  shown  in  Figures  XI-F-1  through  5#  the  differences  in  optimum 
area  ratios  for  staged  and  gas-generator  cycle  are  relatively  subtle.  The  summary 
curve  of  optimum  area  ratio  vs  chamber  pressure  in  Figure  XI-F-6  is  therefore  given 
OD-v  for  the  staged  cycle. 

a.  Single  Stage  and  Booster 

The  DeLaval  nozzle  pressure  for  sea-level  flow  separation 
at  the  3'^igoa  probability  level  was  found  to  range  from  5 • 3  psia  at  a  chamber 
pressure  of  1000  psia  to  5-0  psla  at  5000.  For  the  contours  used  in  this  study, 
the  corresponding  area  ratios  vary  linearly  with  chamber  pressure  from  26.5  at 
1000  psia  to  112  at  5000  psia.  In  all  cases,  the  single-stage  and  booster 
optimum  area  ratios  are  less  than  the  separation  value. 

The  characteristics  of  payload  and  area  ratio,  shown  in 
Figures  XI-F-1  through  -4  for  both  nozzles,  represent  values  computed  at  constant 
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drag  coefficient  and  weight  of  thrust  vector  control  system.  Since  both  of  these 
Increase  with  area  ratio,  the  Indicated  optimum  area  ratios  are  someidiat  too  large. 

In  addition  to  the  above  factors,  system  cost  considerations 
dictate  the  choice  of  an  area  ratio  slightly  less  than  the  optimum  value.  The 
best  choice  Is  therefore  probably  3  to  10^  le^s  than  the  values  Indicated  In 
Figure  n-F-6. 


b.  Upper  Stage 

The  area-ratio  limitation  of  the  DeLaval  (forced-deflection 
not  applicable)  nozzle  Imposed  by  the  previously  discussed  engine  envelope  diameter 
of  l80  In.,  with  the  modules  In  the  neutMl  position.  Is  a  linear  variation  with 
chamher  pressure  from  U3  at  1000  psla  to  205  at  5000  psla.  This  limitation,  as 
shown  In  Figure  XI-F-5»  affects  only  the  1000  psla  to  2000  psla  engines. 

The  extremely  large  optimum  area  ratio  found  for  regenerative 
acszlfc  construction  suggests  that  radiation-cooled  nozzle  extensions  may  be  advan¬ 
tageous.  While  the  lighter  nozzle  construction.  If  applicable,  would  give  an 
Increase  In  both  optimum  area  ratio  and  i>ayload,  the  diameter  limitation  discussed 
above  Indicates  that  the  conclusions  of  this  study  would  differ  only  slight  Ly. 

The  effects  of  thrust-vector-control  weight  and  system  cost 
considerations.  In  addition  to  the  neglected  effect  of  Increasing  Interstage  bending 
moments,  again  dictate  the  choice  of  an  area  ratio  somewhat  smaller  than  the  computed 
optimum. 


2.  Chamber  Pressure,  Cycle  and  Nozzle  Comparisons 

Figures  XI-F-7  through  9  show  the  variation  of  normalized  and 
area-ratlo-optlmlzed  payload  with  chamber  pressure  for  the  three  stages  considered. 
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Single-stage  and  booster  payloads  for  the  DeLaval  nozzle  are  shown 
for  two  different  drag  losses.  The  100^  drag  curve  represents  data  generated  for 
the  same  drag  coefficient  and  reference  area  as  the  forced-deflection  nozzles. 
However,  tht;  DeLaval  nozzle  is  subject  to  considerably  greater  base  drag.  The 
blocked,  base  area  of  the  forced-deflection  nozzle  represents  a  significant  portion 
of  the  stage  cross  section  that  Is  not  subject  to  drag.  In  addition,  the  pressure 
on  the  rearward  facing  tank  bottom  Is  considerably  higher  for  the  forced  deflection 
nozzle  because  of  the  blocked  base.  A  rough  estimate  of  the  difference  between 
the  two  nozzles  led  to  a  50^  greater  drag  for  the  DeLaval  nozzle.  The  payloads 
corresponding  i.o  the  addition  of  l4o  ft/sec  drag-velocity  Increment  are  Indicated 
on  Figures  XI-F-7  and  8. 

As  previously  discussed,  ell  single-stage  and  booster  payloads 
were  coti?)Uted  for  the  same  liftoff  weight  and  engine  flow  rate.  Since  sea-level 
specific  Impulse  varies  from  engine  to  engine,  the  liftoff  thrust  to  weight  ratio 
and  the  total  mission  velocity  Increment  alsa  vary.  Since  the  most  realistic 
comparison  Is  on  the  basis  of  constant  liftoff  thrust-to-welght  ratio,  a  point 
check  was  made  of  the  correction  tt  the  computed  data.  Hie  DeLaval  staged-cycle 
engine  at  2800  psla  has  4. 3-sec  greater  sea-level  specific  Impulse  than  the 
corresponding  forced-deflection  engine.  Beduclng  the  DeLaval  engine  flow  rate 
to  give  the  same  llftot ’  thrust-to-welght  ratio  as  the  forced-deflection  engine 
gave  a  single-stage  payload  loss  of  290  lb.  This  Is  typical  of  the  correction 
required  at  any  chamber  pressure  for  either  cycle  and  can  be  neglected  In  comparing 
nozzles,  particularly  In  view  of  the  probable  error  In  the  drag  correction. 

The  flow  rate  correction  has  a  greater  significance  In  deter¬ 
mining  the  optimum  chamber  pressure  for  the  single  stage  and  booster  from  the 
uncorrect 3d  data  shown  In  Figures  3CE-F-7  and  -8.  Since  the  optimized  sea  level 
specific  Impulse  Increases  with  chamber  pressure  for  either  nozzle,  and  since 
the  correction  to  constant  thrust-to-welght  ratio  Increases  with  Incret  ^Ing 
specific  Impulse,  the  optimum  chamber  pressures  are  slightly  lower  than  Indicated 
on  the  figures. 
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It  should  be  noted  In  comparing  payload  variation  with  chamber 
pressure  for  the  three  stage  applications  with  either  engine  cycle  or  nozzle  that 
the  hl{^  pressure  payloads  are  markedly  better  for  the  booster  stage.  This  is 
due  to  the  consideration  that  the  Increased  engine  weight  at  high  pressure  is 
traded  off  for  payload  at  approximately  4.5:1  lb  for  the  booster  and  1:1  lb  for 
single  or  upper  stages. 

In  view  of  the  previously  discussed  flow  rate  correction,  it 
is  apparent  that  for  the  staged  cycle  a  chamber  pressure  in  the  vicinity  of 
3000  psla  is  optimum  over  the  range  of  stage  applications.  This  optimum  pressure 
is  slightly  lower  than  that  found  in  the  preliminary  study  (Section  X)  because 
of  fllm*coollng  characteristics  omitted  In  the  preliminary  study,  as  partially 
offset  by  the  higher  turbine  ten^jerature  (l670*P  vs  1200*F)  In  the  final  study. 

Optimum  char'^er  pressure  over  the  range  of  rtage  applications 
for  the  gas-generator  cycle  is  somewhat  less  than  2000  psla.  This  value  is 
lower  than  that  of  the  preliminary  study  because  of  film-coo‘'ing  effects. 

The  forced-deflection  nozzle  makes  a  better  showing  in  the 
booster  application  because  of  the  previously  mentioned  tradeoff  comparison 
of  Jettison  weight  and  payload  weight.  In  considering  both  booster  and  single- 
stage  applications,  neither  nozzle  shows  a  significant  advantage.  It  is  apparent 
that  the  increased  weight  for  the  ablative  skirt  and  the  greater  performance 
losses  approximately  cancel  out  the  forced-deflection  advantage  in  altitude 
compensation  and  reduced  base  drag,  at  least  in  this  particular  design. 
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G.  REGQTERATEVE  DeLAVAL  NOZZLE  WErGHT 

The  detailed  study  In  which  the  regeneratlvely  cooled  DeLaval  nozzle 
weights  were  derived  Is  given  in  this  section.  The  Incorporation  of  these  weights 
Into  the  study  Is  discussed  In  Section  XI, E. 

1.  Tubes  and  Oxidizer 


Since  the  data  on  module  weight  shown  In  Figure  X-B-3  is  used 
as  representing  the  complete  engine  up  to  an  area  ratio  of  lU:l,  this  section  is 
concerned  only  with  wet  nozzle  weight  beyond  that  point.  ELgh  fluid  velocities 
are  not  required  for  adequate  heat  transfer  in  this  area,  and  tube  design  is 
affected  only  by  geometric,  weight,  and  pressure-drop  criteria. 


The  assumptions  used  in  the  following  analysis  are; 


(1) 

(2) 

(3) 

W 

(5) 

(6) 
(7) 


Fluid  velocity:  V  =  40  ft/sec 
Double  pass  construction 

Module  oxidizer  flow  rate;  =  250  Ib/sec 
Average  oxidizer  density;  p  =  80.5  Ib/ft'^ 
Density  of  Inconel  Tl8  tubes;  p  ^  =  0.296  Ib/in. 
T'Jorking  stress:  S  -  60,000  psi 
Variable  tube  wall  thickness:  0.010  in.  minimum 


The  general  tube  cross  section  is  a  hemlspherically  ended 
rectangle  where  x  is  the  hemisphere  inside  diameter  in  inches,  y  is  the  flat  length 
in  Inches  and  t  is  the  wall  thickness  in  inches.  The  diameter  of  the  gas  stream, 
D,  is  used  as  the  mean  diameter  of  the  oxidizer  annulus.  The  total  number  of 
tubes  is  N,  and  the  oxidizer  pressure  is  p,  in  psi. 
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XI.;  G;  Regenerative  DeLaval  Nozzle  Weight  (cont. ) 


The  basic  relationships  are  derived  as  follows: 


TTD  =  N  (x  +  2t) 

S  =  ^ 

2t 

2W=  N,  (.785x^  +  xy)  ^ 


HI  =  (.7851 +  y)  =  =  22-'' 

®ibe  welght/ln.  =  .296  Nt  (^^(x  +  t)  +  2y  J 

Oxidizer  welght/ln.  =  l.OU 


Stress-Designed  Tubes 


t  =  EL  =  -JE2 _ 

^  2S  120,000 


22.4(60.000  + 


60,000  + 


,000  +  p 


The  above  equation  indicates  that  for  constant  pressure  and 
number  of  tubes,  the  flat  height  decreases  with  Increasing  diameter.  The  limiting 
diameter  is  found  as  follows: 
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XI y  6;  Regenerative  DeLaval  Nozzle  Velg}xt  (cont.) 

The  tube  design  regimes  are  shovn  In  Figure  XI -6-1  and  the  tube  weight  vs  diameter 
characteristics  In  Figure  XI -6-2.  These  curves  were  used  to  generate  typical 
designs  sudi  as  the  one  shovn  In  Flgnre  XI -6-3  for  10,000  psl.  The  particular 
saw  toothed  curve  shown  was  Initiated  for  100  tubes  at  the  throat.  Since  It  is 
likely  that  a  different  iDeiii>er  of  Initial  tubes  would  be  chosen  for  every  nozzie 
expansion,  the  xxurpose  of  tMs  study  Is  best  suited  by  utilizing  the  average  curves 
shown  In  Figure  XI -0-3- 

In  addition  to  tube  weight,  the  previously  calculated  constant 
oxidizer  weight  of  1.04  Ib/ln.  was  used  together  with  an  additional  0.26  Ib/ln. 
for  brazing,  longitudinal  stiffening,  tube  splits,  and  manifolds.  ‘  The  sum  of 
these  coo^nents  Is  plotted  In  Flguze  XI -6-4  as  a  function  of  area  ratio. 

2.  Stiffeners 


The  drcumferentlal  stiffener  weights  shown  In  Figure  XI -6-5 
were  counted  for  the  sea-level  start-transient  loading.  As  the  chamber  pressure 
builds  up,  the  separation  plane  move?  down  the  nozzle  until  the  nozzle  flows 
full.  !nie  separation  Is  expected  to  be  asyimaetrlc  because  of  slight  contour 
Irregularities  and  becomes  even  more  asymmetric  because  of  elastic  deformation 
of  the  nozzle.  VRille  ambient  pressure  exists  uniformly  around  the  outside  of 
the  nozzle,  the  gas  side  pressures  are  ambient  Immediately  downstream  of  the 
separation  point  and  approximately  h.J  -ph^u  In  the  region  just  upstream  of  the 
separation  point.  Every  nozzle  cross  section,  at  a  particular  chamber  pressure, 
Is  subject  to  a  collapsing  pressure  differential  of  10  psla  around  part  of  Its 
circumference. 


The  circumferential  extent  of  the  collapsing  pressure  Is  a 
function  of  the  elasticity  of  the  nozzle  and  was  not  confuted.  Section  bending 
moments,  however,  were  computed  for  circumferential  arcs  of  60*,  90“ ,  and  120". 
The  maximum  moment  was  found  for  an  angle  of  90“  and  used  throughout  the  analysis. 
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ZI>  Regenerative  DeLaval  Rozzle  Vel^t  (cont.) 


Tube  stiffness  vas  neglected  and  a  V*^nd  atlffener  e<j‘.putt.-  -<c 
a  38-in.  nozzle  exit  diameter  for  Inccnel  718  at  a  vorklog  stress  .  '  ksi.  This 
same  cross  section  was  used  at  all  other  vtations^  leading  to  a  a  ’mdiat  conservative 
analysis,  since  the  bending  moBKnt  varies  with  dlaMter  aqua*.-.  '^nd  amxlmum  exit 
diameters  for  sea-level  operation  are  near  3B  in.  ov^r  trm.  .«inge  of  ehaad>er  pressures. 

In  conjunction  with  the  asaumr*  :ing,  the  above  analysis  leads 
to  stiffener  weights  per  inch  of  nozzle  length  which  vary  linearly  with  diameter 
from  0.183  at  10  in.  to  0.693  nt  38  in. 

The  stiffeners  calculated  above  would  be  more  than  adequate  for 
the  symmetrical  collapsing  load  at  sea  level  with  the  engine  at  full  chamber 
pressure  and  for  the  external  aerodynamic  loading  at  maximum  fli|^t  dynamic  pressure. 

Altitude  engines  are  not  subject  to  the  start  transient  separation 
loading  or  the  external  aerodynamle  loading.  Stiffener  weights  equal  to  30^  of 
the  values  indicated  by  the  analyses  above  are  used  to  cover  handling  requirements 
and  flutter. 
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m.  TEST  SIAHD  OPERAIIOW 

All  high-pressure  thrust  c'asmber  and  turbopump  development  testing  conducted 
during  this  program  was  performed  on  Aerojet's  Test  Stand  H-3«  The  testing  system 
used  was  a  "breadboard"  hicd^-pressure  turbopu^p  engine  having  built-in  flexibility 
features  to  allow  operation  over  the  required  range  of  pressure  and  flow-rate 
conditions  of  the  program.  The  expected  avcdlability  of  a  developed  high-pressure 
turbopuaqp  design  from  the  Integrated  Components  Program,  (Contract  AF  04(6ll)-8017) 
was  the  basis  for  the  selection  of  a  puiiq)-fed  engine  system,  rather  than  a  high- 
pressure  tank-fed  system.  In  addition  to  a  la.er  initial  cost,  this  system  provided 
the  additional  knowledge  of  high-pressure  turbopump  operation. 

A  detailed  description  of  the  engine  testing  system,  together  with  its 
associated  equipment,  instrumentation,  and  controls,  is  given  in  Section  XII,A, 
below.  The  analytical  steady-state  and  transient  computer  programs,  used  throughout 
the  program  for  engine  balance  and  data  evaluation,  are  discussed  briefly  in 
Section  XII, B.  The  turbopumps  were  considered  a  part  of  the  test  facilities  in  this 
program;  however,  extensive  development  effort  was  performed  during  this  contract  in 
modifying  the  design  of  the  original),  turbopumps  of  Contract  AF  04(6ll)-8017  to  a 
configuration  suitable  for  conducting  the  tests  in  this  program.  Because  of  the 
extensive  effort  involved,  a  separate  section,  XII, C,  below,  is  included  to  discuss 
the  turbopump  development  effort.  jA  summary  of  the  turbopump  development  test  data, 
together  ylth  the  test  results  frcm  the  initial  test  stand  activation  checkout  tests 
performed  with  the  pumping  system,  is  also  included. 

A.  ENGINE  TESTING  SYSTEM 

Ihe  engine  testing  system,  as  defined  for  this  discussion,  is  ccxnprised 
of  the  test  engine  with  its  associated  mechanical  facility  equipment,  the  engine 
instrumentation,  eind  the  engine  control  system.  Each  of  these  is  discussed  in  the 
paragraphs  below. 
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Zlly  A,  Engine  Testing  Systea  (cont.) 

1.  Test  Bnffine 

In  the  engine  configuration  a  single  LG^/SP-1  gas  generator  was 
used  to  drive  separate  hie^-fvessure  oxidizer  and  fuel  turbopua^.  The  high-pressure 
propellants  were  then  directed  to  the  thrust  chamber  thrc»igh  two  hig^-pressure  ball 
valves.  Hie  engine  is  shown  schematically  in  Figure  XH-A-I.  Principal  mechanical 
components  include  the  storable  propellant  tanks,  LO^/RP-1  propellant  tanks,  gas 
generator  valve,  gas  generator,  hot-gas  manifold,  oxidizer  and  fuel  turbopus^, 
discharge  and  recirculation  lines,  thrust  chamber  valves,  and  the  thrust  chamber. 

By  referring  to  the  schaaatlc  and  to  five  photographs  shown  in  Figures  XII -A-2 
throu^  -6,  the  relatl(»ship  of  the  components  to  one  another  can  be  seen.  Discussions 
for  ea(di  major  coo^onent  follow; :  any  development  work  or  modifications  required  on 
the  components  during  the  program  are  also  reported. 

a.  Storable  Propellant  Run  Tanks  and  Main  Propellant  ' 

Supply  Lines 

The  -leroZINE  ^0  and  nitrogen  tetroxide  propellant,  run  tanks 
supply  the  main  propellants  to  the  turbopumps;  both  are  2100-gal  pressure  vessels 
capable  of  withstanding  a  pressure  of  1000  pslg.  Each  tank  has  a  6-ln.-dia  discharge 
line  and  a  4-ln.-dia  recirculation  line  leading  to  the  test  stands.  A  pressure 
regulator  is  plumbed  to  each  tank  and  a  safety  valve  is  Installed  on  each  line. 

This  one  set  of  propellant  tanks  services  Test  Stands  H-1,  H-2,  anc'  H-3.  Valves 
located  within  these  lines  are  opened  or  closed  as  required  to  supply  propelleuit  to 
any  of  the  three  test  stands.  Prior  to  conducting  tests,  each  tank  is  pressurized 
with  gEiseous  nitrogen  to  a  predetermined  pressure.  This  pressure  setting  is  instru¬ 
mental  in  determining  proper  engine  balance. 

b.  Liquid  Oxygen  and  RP-1  Propellant  Run  Tanks 

The  liquid  oxygen  and  RP-1  propellant  run  tanks  are  used  to 
supply  propelleuit  to  the  gas  generator;  both  are  250-gal  vessels  capable  of  with¬ 
standing  1200-pslg  pressure.  Each  tank  has  a  2-ln.-dla  supply  line  connecting  to 
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xn.  A,  Engine  Tesbicg  System  (cont.) 

Test  Stands  H-1,  H-2,  H-3>  and  a  pressure  regulator  and  safety  valve  are  installed 
in  each  line.  Similarly  to  the  main  propellant  tanks,  these  tanks  are  pressurized 
with  gaseous  nitrogen  Lo  a  predetermined  pressure  prior  to  each  test.  This  pressure 
setting  is  also  instrumental  in  determining  proper  engine  balance. 

c.  Gas  Generator  Valve 

The  gas  generator  valve  is  a  rocker-arm  and  pintle -type  valve. 

The  motion  of  an  actuator  operates  a  rocker  arm,  idiich  causes  the  oxidizer  and  fuel 
pintle;;  to  move  in  a  fixed  relation  to  one  another.  Propellant  flows  axially  through 
the  valve  body  and  annular ly  around  the  valve  pintle.  The  controlling  flow  area  is 
then  the  annular  area  between  the  contoured  pintle  and  the  valve  seat. 

This  gas  generator  valve  was  initially  designed  for  Titan  I 
first-stage  engines,  and  was  intended  to  be  used  with  a  bootstrap-engine  starting 
sequence.  Initial  pressure-fed  engine  tests  (performed  under  Contract  AF  0U(6ll)-8O17) 
indicated  an  excessive  gas  generator  pressure  rise  rate  occurred  with  a  normal  1.0-sec 
valve  opening  time.  It  wets  decided  that  the  pintle  contours  of  both  the  oxidizer  and 
fuel  valves  should  be  changed. 

A  short  computer  program  was  set  up  to  determine  pintle  contours 
such  that  a  linear  rise  rate  of  generator  chamber  pressure  would  occur  with  increased 
valve  opening.  Fuel  and  oxidizer  pintles  were  fabricated  on  the  basis  of  the  results 
of  the  computer  program.  The  gas  generator  rise-rate  resulting  from  the  use  of  these 
pintles  weus  not  perfectly  linear  with  valve  opening  position,  but  the  rise  rate 
appeared  to  be  suitable  for  starting  the  engine.  Figure  XII -A-7  illustrates  a 
typical  plot  of  gas  generator  chamber  pressure  versus  time  resulting  from  the  use  of 
the  modified  gas  generator  valve.  The  gas  generator  system  was  tested  twice  to 
verify  the  operation  and  repeatability  of  the  hardware.  Turbine  nozzle  simulators 
were  used  to  provide  a  sonic  nozzle  in  each  branch  of  the  Y-shaped  turbine  feed 
manifold.  No  difficulty  was  experienced  with  either  test,  and  the  results  indicated 
proper  valve  operation  and  repeatability. 
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Subsequent  thrust  chamber  operation  using  this  modified  gas 
generator  valve  d»onstrated  that  the  generator  pressure  rise  rate  during  the  steep 
porticm  of  the  pressure-versus-tlme  curve  caused  a  corresponding  steep  Increase  in 
turbine  speed,  pump  discharge  pressure,  and  thrust  chamber  pressure.  A  stepped 
opening  of  the  gas -generator  valve  corrected  this  situation.  The  modified  control 
system  used  two  orificed  pilot  valves  instead  of  one  valve  to  feed  actuation  fluid 
to  the  generator  valve  actuator.  One  of  the  valves  is  closed  during  actuation  of 
the  generator  valve  to  provide  two  opening  rates.  Figure  XII -A-8  illustrates  percent 
valve  open  position  and  the  resultant  gas  generator  chamber  pressure  versus  time. 
Improvement  in  the  secondary  rise  rate  is  appcurent  over  the  previous  rise  rate  shown 
in  Figure  XII-A-7>  gas  generator  valve  was  opened  in  this  manner  for  the  remainder 
of  the  test  program. 

d.  Gas  Generator  and  Y-Manlfold 

The  gas  generator,  originally  designed  on  the  Titan  program, 
is  a  5**in.-'dia  cylinder  with  an  injector  having  five  rows  of  lihe-on-like  doublets 
and  an  outer  row  of  single  fuel  orifices.  The  gas  generator  has  a  valve  Interface 
on  the  Injector  end  and  a  flanged  outlet  on  the  outlet  end.  This  generator  is 
ignited  with  28-v,  400-cycle  current;  the  igniter  system  worked  flawlessly  during 
the  entire  test  program. 

An  integral  part  of  the  gas  generator  system  is  the  Y-shaped 
hot-gas  manifold  which  delivers  hot  gases  from  the  generator  to  the  turbine  inlet 
manifold  of  each  turbopump.  Each  lag  of  the  manifold  contains  commercled  bellows 
and  restrainers  to  £dlow  for  thermal  expansion  without  loading  the  turbine  manifold. 
Excessive  distortion  of  the  bellows  is  prevented  by  a  closely  fitted  sleeve,  visible 
in  Figure  XII-A-3.  An  orifice  holder  is  spaced  between  the  Y-manifold  and  turbine 
inlet  flanges.  An  orifice  in  this  location  reduces  turbine  total  inlet  pressure 
and  permits  a  power  bedance  required  for  any  particular  test. 
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e.  Turbopumps 

Tbe  turbopumps  used  to  deliver  high-pressure  .  :orable 
propellants  were  originally  designed  for  Contract  AF  04(6ll)-8017)  "Integrated 
Components  Program,  Phase  I."  Each  turbopump  assembly  consists  of  a  Titan  U 
first-stage  turbine,  a  bearing  housing,  and  a  single-stage  centrifugal  pump,  all 
on  a  conncMi  shaft.  The  fuel  and  oxidizer  turbopumps  are  identical  except  for  minor 
differences  in  the  impellers  and  shrouds.  During  developnent,  it  was  found 
necessary  to  partially  redesign  these  turbopumps  to  carry  the  loads  and  create  the 
head  rise  required  by  the  test  program.  The  required  redesign  and  developnent  work 
was  acccnpllshed  Jointly  by  Contracts  AF  04(6ll)-8^8,  "Integrated  Components  Program, 
Riase  II,"  and  AF  04(6ll)-8l91,  "High  Chamber  Pressure  Rocketry  Program."  A  dis¬ 
cussion  of  '('he  pump  developnent  program  is  included  in  Section  XII  ,C. 

f.  Propellant  Lines  and  Orifices 

Major  propellant  lines  include  the  suction  lines,  discharge 
lines,  and  recirculation  lines.  Orifices  were  installed  in  each  of  these  lines; 
their  locations  are  shown  in  Figure  XII-A-1. 

The  suction  lines  are  part  of  the  basic  test  facility  and 
serve  Test  Stands  H-1,  H-2,  and  H-3.  Because  of  the  single  set  of  remotely  located 
propellant  tanks  serving  these  three  stands,  the  length  of  the  suction  line  is 
approximately  80  pipeline  feet.  Orifices  were  installed  in  the  suction  lines  near 
the  test  engine  to  reduce  the  amplitude  oscillations  in  tne  suction  system  (present 
on  any  short-duration  test,  but  complicated  by  the  long  lines). 

High-pressure  discharge  lines  connected  the  turbopumps  tc  the 
thrust  chamber  assembly.  Orifices  were  installed  in  these  lines  to  measure  propel¬ 
lant  flow  rates,  supplementing  the  flowmeter  data. 
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Recirculation  lines  were  part  of  the  engine  syscem  and 
connected  the  pump  discharge  propellant  circuits  back  to  the  propellant  tanks. 

These  lines  were  used  to  return  all  pump  discharge  flow  to  the  storage  tanks  during 
pump  testing,  and  to  return  to  the  storage  tank  that  portion  of  the  propellant 
discharged  by  the  pump  but  not  required  by  the  thrust  chamber  being  tested.  (The 
turbopumps  were  designed  to  be  used  with  the  100,000-lb-thrust  ICP  engine  system. 

Since  the  engine  of  Contract  AF  04(6ll)-8l91  produces  50»000-lb  thrust  at  approxi  • 
mately  the  same  head  rise,  it  was  necessary  to  operate  the  pumps  at  approximately 
the  100,000-lb-thrust  flew  rates,  and  then  recirculate  the  excess  flow  back  to  the 
propellant  tanks.)  Orifices  in  the  recirculation  lines  were  used  to  control  the 
recirculation  flow  and  to  drop  the  line  pressure  to  below  1000  psig  prior  to  the 
propellant  entering  the  propellant  tank. 

g.  Thrust-meiouring  System 

The  entire  pumping  system  and  thrust  chamber  with  its  valves 
are  mounted  on  a  movable  thrust  frame.  A  load  cell  and  hydraulic  cylinder  are  us  ,d 
together  with  a  standard  load  cell  to  calibrate  the  load  cell  so  that  its  thrust 
readings  may  be  corrected  as  required.  The  load  cell  was  used  during  pump  testing 
to  determine  the  queintity  «ind  direction  of  any  unbalanced  thrust  from  pump  operation. 
The  entire  thrust  frame  was  inclined  downward  at  an  angle  of  15*’. 

h.  Thrust  Chamber  Valves 

Consolidated  Controls  Corporation  supplied  the  thrust  chamber 
valves.  They  are  water-actuated  beill  valves  that  employ  a  fail-safe  feature  of 
spring  closure  should  actuation  pressure  be  lost.  The  ball-type  valve  is  nearly 
hydraulically  balanced.  This  feature  is  desirable  for  high-pressure  application, 
since  it  does  not  alter  its  operating  characteristics  under  pressure.  Unfortunately, 
a  ball  valve  permits  only  limited  control  over  flow  rate  during  the  opening  and 
closing  operations.  This  is  a  result  of  the  rapid  change  of  resistance  with  advancing 
valve  position.  The  primeuy  control  of  thrust  chamber  pressure  during  the  engine 
transients  is  obtained  with  the  gas  generator  valve. 
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The  valves  8n*e  seen  in  Figure  XII-A-5.  The  oxidizer  valve 
has  a  2^-in.-dia  flow  passage,  and  the  fuel  valve  has  a  2-in.-dia  flow  passage. 

The  inlet  and  discharge  flanges  of  both  veilve  bodies  are  machined  with  Conoseal 
surfaces,  all  being  the  same  size  t-i  facilitate  interchangeability. 

2.  Data  Acquisition  and  Instrumentation 
a.  Data  Acquisition 

The  prime  item  of  data-sampling  equipment  available  in 
Test  Area  H  is  an  Aerojet -General -built  digital  system  featuring  the  following 
capabilities:  two  channels  sampled  250  times/sec,  25  channels  sampled  50  times/sec, 
92  channels  sampled  l6.7  times/sec,  and  four  digital  flow  chauinels  sampled 
50  times/sec.  The  data  are  accumulated  in  four-digit  samples  and  transmitted  to 
a  central  data  processing  center  where  they  are  recorded  on  magnetic  tape.  An 
IBM  7040  digiteil  computer  is  programed  to  convert  the  digital  samples  into 
engineering  units  and  print  out  the  results.  As  a  convenient  addition  to  data 
processing,  the  conversion  has  been  supplemented  with  a  data-averaging  program. 

Using  this  program,  data  for  a  specified  inten-’nl  may  be  averaged  and  the  maximum 
deviation  within  that  interveil  specified  along  with  its  direction  from  the  average 
(i.e.,  plus  or  minus). 


The  eu"ea  also  has  one  50-cheuinel  Consolidated  Electrodynamics 
Corp.  oscillograph  and  three  l8-channel  units.  These  are  used  to  continuously 
record  those  functions  deemed  most  essentisd.  to  engine  operation  so  that  their 
relationships  with  one  another  onj  ire  observed  and  evaluated. 

Very  high  frequency  data  are  recorded  o .i  a  four-channel  Ampex 
FM  tape  recorder.  In  addition,  the  area  has  a  six-channel  on-line  Miller  cathode- 
ray  oscillograph  for  direct  recording  of  high-frequency  data.  The  Ampex  tape 
recording  is  played  back  at  a  fraction  of  its  recording  speed  for  good  resolution 
of  amplitude  and  frequency.  This  input  is  fed  to  another  oscillograph  for  data 
reduction.  The  Miller  recorder  produces  its  record  directly. 
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The  equipment  discussed  above  constitutes  the  main  sources  of 
acquiring  data  for  this  program;  however,  the  control  roan  also  has  22  Brown  strip- 
chart  recorders  and  two  4-cbannel  Sanborn  recorders.  These  are  used  for  engine 
firing  setup  purposes  and  for  quick-look  data. 

A  great  deal  of  queJltative  as  well  as  quantitative  information 
was  obtained  through  the  use  of  two  high-speed  cameras  and  one  lew-speed  camera. 

The  value  of  these  films  cannot  be  over-emphasized  when  attempting  to  aneilyze  hardware 
failiures.  At  hi^  frame  rates  (lOOO  to  2000  frames/sec),  it  is  possible  to  pinpoint 
the  beginning  of  metal  erosion,  the  ejection  of  throat  or  other  ports,  or  other 
occurrences. 


,  •  b.  Instrumentation 

.  Measurement  of  pressures,  temperatures,  flow  rates,  and  thi'ust 

were  a  normeil  part  of  every  test  firing.  Pressures  were  measured  with  Taber, 
Standard  Controls,  and  I^ynisco  strain-gage-tyi)e  transducers  in  the  total  range 
0  to  6000  psig.  Potter  turbine-type  flowmeters  were  used  to  measure  all  flows. 

They  were  supplemented  by  orifice  pressure-drop  calculations  of  flow  rates. 
Temperatures  were  obtained  from  chrome 3 -zlumel  thermocouples,  shielded,  unshielded, 
6Uid  high-response  types.  Some  selected  temperatures  were  obtained  using  ITanmac 
tungsten-tungsten  26^  rhenium  thermocouples,  copper-constauitan  thermocouples,  and 
resistance  thermometers.  High-frequency  pressure  oscillations  were  measured  with 
Kistler  piezoelectric  transducers. 

The  accuracy  of  each  of  the  recorded  functions  was  not 
measured  for  this  particular  engine  testing  system.  However,  the  following  is  a 
list  of  the  functioned  accuracies  for  the  Titeui  system  as  reported  in  Technical 
Memorandum  125,  Revision  D,  Contract  AF  04(6U7)-521: 

Pressure  0.l40^ 

Thrust  0.14-5^ 
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Flow  rate  Q.V^io 


Temperatures 


0.118°F  (resistance  thermcaneter ) 
0.50^  (copper-constantan) 
(chromel-alumel) 


It  is  not  likely  that  the  percent  of  error  reported  for  the  flow  rate  is  applicable 
to  this  program  because  of  the  short  d’lration  of  the  majority  of  the  tests. 


3.  Controls 


It  is  necessary  to  start  up  and  shut  down  a  rocket  engini-  in  a 
specified  sequence  to  prevent  hardware  damage.  The  controls  portion  of  ^cst  area 
services  provide  the  devices  and  circuitry  required  to  obtain  control  of  Tihe 
specified  sequence  and  the  supporting  system.  In  addition,  it  is  desirable  to 
provide  engine  firing  controls  to  protect  the  test  hardware  from  as  many  system 
malfunctions  as  possible  without  unduly  complicating  the  sequence. 

a.  Sequence 

Section  XII, B, 2,  discusses  the  evaluation-  of  an  engine  start 
and  shutdown  sequence  through  the  use  of  the  transient  engine  simulation  program. 

For  the  High  Pc  engine,  the  opening  order  and  opening  rates  of  the  two  thrust  chamber 
valves  and  the  gas  generator  v:  ve  were  established  using  daca  obtained  from  that 
program.  In  general,  the  transient  program  predicted  satisfactory  start  and  shut¬ 
down  transients  very  accurately;  however,  the  ass'jmptions  involved  in  the  program 
are  not  able  to  account  for  combustion  efficiencies  at  partial  chamber  pressure  or 
two-phase  flow,  present  during  gaseous  nitrogen  injector  purge  operations.  Therefore, 
some  empirical  calculations  were  required  to  supplement  the  program  as  written. 

The  engine  testing  conducted  during  this  program  produced 
much  experience  in  the  area  of  the  correct  sequencing  on  transient  operation  of  high 
chamber  pressure  engines.  Specific  recommendations  include  the  following: 

(1)  increase  thrust  chamber  pressure  rapidly  at  startup  to  about  one-half  to  one-third 


Page  XII-9 


BiX>k  Two 


XII,  A,  Engine  Testing  System  (cont. ) 

of  final  cnamber  pressure,  (2)  shut  off  gaseous  injector  purges  at  such  a  time  that 
the  injector  manifold  pressure  reaches  zero  just  beforo  the  liquid  enters,  (3)  purge 
out  one  propellant  at  a  time  on  shutdown  to  prevent  prolonged  chamber  pressure 
oscillations  resulting  from  the  presence  of  a  compressible  fluid  in  the  injector 
manifolds,  and  (4)  purge  out  AeroZINE  50  fuel  regenerative  cooling  tubes  with  water 
to  prevent  spontaneous  decomposition  of  the  fuel  caused  by  heat  soak-back. 

b.  Malfunctions 

The  malfunction  circuits  used  to  provide  engine  safety  are 
described  in  this  section.  The  engine  schematic  (Figure  XII-A-l)  shows  all  of  the 
canponents  controlled  by  malfunction  systems. 

If  the  thrust  chamber  valves  fail  to  open,  the  pump  discharge 
pressure  will  rise  rapidly,  ultimately  bursting  the  pump.  Therefore,  a  timer  is 
used  (calibrated  to  time-out  just  after  a  first-motion  microswitch  makes  contact  in 
each  thrust  chamber  valve) ; failure  of  either  switch  to  make  contact  before  the  timer 
runs  out  signals  a  malfunction  shutdown.  If  either  thrust  chamber  valve  or 
recirculation  valve  closes  during  the  firing,  that  pump  discharge  line  will  be 
overpressurized.  Final -motion  microswitches  were  installed  in  each  of  these  valves 
to  signal  a  malfunction  shutdown  if  the  switch  opened  prior  to  FS^* 

Pump  overspeed  trips  were  used  in  conjunction  with  both 
turbopumps  to  provide  eigainst  closure  of  the  stand  select  valve  (pump  suction) 
or  a  large  drop  in  downstream  resistance.  The  units  were  set  about  UOOO  rpm 
above  expected  operating  speed. 

If  the  gas  generator  valve  failed  to  open,  opened  too  slowly, 
or  had  an  excessive  opening  delay,  or  if  the  gas  generator  igniters  failed  to  cause 
ignition,  the  pressure  rise  in  the  gas  generator  would  be  zero,  or  less  than  expected. 
Any  of  the  mentioned  cases  was  considered  a  malfunction.  To  sense  this  condition 
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and  protect  against  it,  a  timer  was  used  in  conjunction  with  a  pressure  switch. 

The  pressure  switch  had  to  make  contact  before  the  timer  timed-out  or  a  malfunction 
was  signalled. 


The  thrust  chamber  itself  was  protected  from  overpressure  by 
a  new  device  created  for  this  program  and  now  used  on  the  NERVA,  M-1,  and  Apollo 
Programs — the  high  transient  pressure  shutdown  device,  or  HTPSD  unit.  The  HTPSD 
unit  is  a  type  of  electrical  pressure  switch.  When  the  signal  from  a  calibrated 
transducer  reaches  a  preset  level,  a  relay  is  tripped  and  a  meilfunction  shutdown 
results.  It  is  a  high-response  circuit  which  can  react  in  1.5  millisec,  a  period 
short  enough  to  shutdown  •*'he  engine  when  a  large-size  particle  passes  through  the 
throat. 


B.  ENGINE  ANALYTICAL  COMPUTER  PROGRAMS 

The  operation  of  the  test  engine  system  was  greatly  aided  in  this  program 
by  the  extensive  use  of  two  of  Aerojet’s  analytical  computer  programs:  the  Steady- 
state  Program  102  and  the  Engine  Transient  Program  IO9.  These  programs  were  used 
throughout  the  program  to  determine  the  engine  balance  points  and  the  start  and 
shutdown  sequences.  In  addition,  the  programs  were  used  for  test  data  evaluation, 
determination  of  allowable  test  parameter  tolerances,  and  as  an  aid  for  component 
design.  Each  of  the  two  basic  programs  are  discussed  briefly  in  the  f.llowing 
paragraphs . 


1.  Steady-State  Program 

The  steady-state  engine  program  is  a  hydraulic  simulation  of  an 
entire  turbopump-fed  engine  system,  including  all  required  tankage.  It  contains 
the  equations  necessary  for  the  simulation  of  almost  any  liquid  rocket  engine.  In 
addition  to  the  liquid  system  resistances,  it  contains  program  storage  for  coaponent 
perfoimance  characteristics  so  that  the  torque  and  fluid  horsepower  required  by  the 
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propelltint  pumps  can  be  obtained  from  the  generating  system  and  drive  turbines. 
Propellant  performance  characteristics,  as  a  function  of  chamber  pressure,  mixture 
ratio,  and  Eurea  ratio  are  also  included. 

The  steady-state  program  found  its  greatest  use  in  determiiiing  the 
engine  balance  point  for  each  test  firing  and  in  evaluating  the  test  data.  The 
program  is  designed  to  automatically  evaluate  the  data  from  one  test  firing  and  then 
rebalsuace  the  engine  for  the  nex  test.  It  contains  a  number  of  bias  factors  which 
can  be  evaluated  from  the  data  so  that  the  input  program  curves  yield  actual  engine 
performance.  These  bias  factors  remain  in  the  program  for  the  rebalance  computation. 
A  tabulation  v?Jb  made  of  these  bias  factors  for  each  data  evaluation  so  that  any 
change  could  b?;  noted  and  investigated.  In  the  same  way,  records  were  kept  of 
values  of  balance  orifice  Kw  and  certain  line  resistances  to  check,  for  system  changes 
or  to  flag  possible  errors  in  weight  flows. 

The  same  program  is  used  in  reverse  order  to  evaluate  the  engine 
sensitivity  to  a  set  of  specified  tank  pressures,  a  different  thrust  cl  mber 
combustion  efficiency,  a  different  mixture  ratio  in  either  gas  generator  or  chamber, 
a  changed  resistance,  or  any  of  a  large  number  of  possibilities,  singly  or  in 
combination.  Thus  with  this  program  it  can  be  determined  how  closely  the  parameter 
must  be  controlled  in  order  to  confine  a  test  firing  within  the  specified  limits. 

Another  use  for  this  program  is  to  aid  in  designing  engine  testing 
system  components.  By  adding,  subtracting,  or  altering  the  operating  characteristics 
of  any  component,  the  program  can  be  made  to  evaluate  the  effect  of  this  change 
on  the  entire  engine  system.  Hardware  is  not  designed  or  altered  if  the  result 
would  prove  inadequate  or  would  tax  the  testing  system  beyond  its  limitations.  The 
steady-state  program  was  used  in  the  redesign  of  the  gas-generator  valve  pintles  for 
the  High  Pc  test  engine. 
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2.  Transient  Program 

The  transient  analysis  program  assists  in  the  analysis  of  liquid- 
rocket  engine  transients  by  means  of  a  high-speed  digital  computer.  Both  steady- 
state  and  treuasient  programs  are  similar  in  that  each  must  obtain  a  balanced  engine 
system  before  proceeding  to  the  next  ccanputation.  A  balanced  engine  system  it  one 
in  which  all  parameters  at  component  interfaces  eir*  eqixal  (s.g.,  flow  rate  through 
the  pump  is  equal,  to  flow  rate  through  the  pimp  discharge  line;  chamber  pressure  is 
equal  to  the  injector  downstream  pressure;  flows  through  the  injector  are  the  same 
as  the  flows  used  to  calculate  chamber  pressure;  turbine  exhaust  pressure  used  to 
calculate,  speed  is  the  same  as  the  exhaust  pressure  calculated  in  the  exhaust  duct) . 

In  the  steady-state  program,  the  derivitives  of  pressure,  speed, 
and  flow  rate  are  zero  with  respect  to  time;  in  the  transient  program,  the  derivitives 
are  not  necessarily  zero.  For  instance,  if  the  torque  delivered  by  the  turbine  is 
greater  tton  the  torque  required  by  the  pump,  the  remaining  energy  resuJ.ts  in  a  change 
in  speed.  QSie  new  speed  is  used  in  the  next  time-interval  computation.  In  a  similar 
manner,  the  transient  program  accounts  for  fluid  inertia  in  the  lines  and  volume 
capacitance  in  the  thrust  chamber. 

The  engine  is  divided  into  sep'^.rate  components  (lines,  valves,  tanks, 
pumps,  turbines,  injectors,  cooling  tubes,  thrust  chamber,  and  exhaust  ducts).  Each 
component  is  represented  by  a  program  subroutine.  The  subroutines  are  groups  of 
equations  that  consider  the  effects  of  fluid  inertia,  rotating  mass  inertia,  volume 
capacitance,  fluid  resistance,  and  combustion  phenomena.  Computations  proceed  at 
finite  time  intervals  (usually  0.001  to  0.01  sec).  The  dlff'i.”ential  equations  are 
replaced  by  numerical  difference  equations.  Integrated  solution  is  obtained  by 
using  a  modified  Newton-Raphson  Integration  Method  and  a  fixed  integration  increment 
(time  interval)  throughout  each  case. 
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The  basic  subroutines  of  the  main  program  Eire  linked  together  by 
a  referencing  system  to  form  a  mathematical  model  of  Eu^y  liquid  rocket  engine  that 
can  be  represented  by  the  programed  subroutines.  The  referencing  establishes  the 
location  of  the  component  in  the  engine  system.  The  referencing  also  establishes 
the  location  of  the  various  pEirameters  within  the  program  data  region  that  axe  needed 
by  each  subroutine.  The  input  data  for  each  subroutine  includes  referencing  initial 
conditions,  transient  conditions  (starter  energy,  valve  sequencing),  and  component 
emplrlcEd.  data. 


Typical  start  and  shutdown  transients  used  in  High  Pc  Program 
testing,  as  cEilculated  by  the  transient  computer  program,  Eure  shewn  in  Figures 
XII -B-1  Eind  XII -B-2,  respectively.  The  plots,  eis  shown,  Eu*e  plotted  automatically 
as  pEu^v  of  the  computer  operation. 

C.  TURBOHMF  DEVELOIMENT  PROGRAM 

1.  Introduction 


The  fuel  and  oxidizer  turbopuiiips  used  on  this  program  were  originally 
designed  for  the  "Integrated  Components  Program  (ICP),"  Contract  AF  04(6ll) -8017 . 

Each  is  composed  of  a  singl“-stEige  centrifugal  pump,  connected  directly  to  a  Titan  II 
first-stage  turbine.  The  connecting  shaft  is  supported  by  bearings  retained  in  a 
separate  housing  located  between  the  pump  and  turbine.  The  t’irbopump  design  is  shown 
f  n  Figure  XII -C-1. 

During  the  ICP  Program,  several  satisfactoiy  engine  tests  were 
performed  in  which  the  turbopumps  were  used,  and  no  difficulties  were  anticipated 
for  the  High  Pc  Program.  Four  turbopump  tests  were  performed  as  part  of  the  High 
Pc  Program  to  verify  proper  operation  of  the  pumping  system.  During  these  tests 
orifices  were  used  to  simulate  the  downstream  resistances  offered  by  the  thrust 


Page  XII-14 


Book  Two 


XII^  C,  Turbopump  Development  Program  (cont.) 

chamber;  the  propellants  were  recirculated  back  to  the  propellant  tsmks.  No  abnormal 
Itles  were  evident  In  the  data  generated  by  tests;  these  data  axe  summarized  In 
Flgureb  lllI-C-2  throu^  Following  these  tests^  the  pumping  system  was  considered 
ready  for  the  first  TCA  test. 

During  the  subsequent  High  Pc  Test  Program^  three  failures  of  the 
oxidizer  turbopump  occurred.  Each  of  these  occurrences,  together  with  the  action 
taken  as  a  result  of  the  failures,  Is  discussed  In  Paragraphs  XII,C,2  through  h  belot' 

2.  Turbopump  Failure— Test  1.2-Ol-YAM-OOl 

The  first  TCA  test,  1.2-Ol-XAM-OOl,  was  performed  on  31  May  1963. 
During  this  test  considerable  erosion  of  the  thrust -chamber  Injector  was  experienced, 
which  produced  severe  chamber  ii  essure  perturbations .  At  approximately  2  sec  after 
FSl,  the  oxidizer  turbopump  exploded,  terminating  the  test.  The  turbopump  failure 
was  attributed  to  Impeller-to-shroud  rubbing  as  a  result  of  these  large  perturbations 
and  not  to  turbopump  design  Inadequacies.  Therefore,  the  test  engine  was  rebuilt 
using  another  oxidizer  turbopump  of  the  same  original  configuration. 

3.  Turbopump  Failure— Test  1.2-01 -YAP-00^ 

Prior  to  resuming  the  thrust  chamber  testing,  a  jumping  system 
checkout  test  was  performed  on  8  August  1963*  This  test,  1.2-01-IAP-005,  resulted 
in  the  failure  of  the  oxidizer  turbopump  assembly,  which  was  nearly  identical  in 
nature  to  the  first  failure.  Thvi  data  for  this  test  eire  presented  in  Figure  HI-C-6. 

A  thorough  failure  analysis  of  this  turbopump  was  performed.  It 
wab  concluded  that  a  pump  Impeller  rub  caused  the  pump  to  explode,  similar  to  the 
previous  failure.  It  was  further  concluded  that  the  thrust  bearing  failed,  allowing 
the  Impeller  to  rub  on  the  shroud.  A  detailed  analysis  of  the  entire  bearing 
hou.slng  assembly  was  made,  which  disclosed  the  design  was  marginal  for  the  axial 
thrust  calculated  to  be  present  in  the  test  firings.  Therefore,  a  redesign  of  the 
turbopump  was  required  prior  to  resuming  the  High  Pc  Test  Program. 
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XII,  C,  Turbopump  Development  Program  (cont.) 

The  redesigned  turbopump  Is  shown  in  Figure  XII -C-7.  The  following 
changes  were  incorporated  in  this  design  as  compeured  to  the  origiml  design: 

a.  The  original  single  thrust  bearing  was  replaced  with  a  set  of 
two  tsuad.em  matchground  ball  beatrings  to  provide  increased  axial  thrust  losid  capacity. 
The  type  of  ball  cage  was  modified  from  inner-race-riding  to  outer-race-riding.  This 
change  provided  better  bearing  lubrication  and  cooling.  It  edlows  the  oil,  which  is 
injected  into  the  area  near  the  inner  race,  free  entry  into  the  bearing.  The  oil 
then  circulates  by  centrifugal  force  through  the  rotating  balls  and  works  its  way 
toward  the  outer  race. 


b.  The  bearings,  housings,  and  shafts  were  modified  to  accept 
the  tandem  thrust  beetrlngs. 

c.  The  number  and  size  of  Jets  in  the  internal  lubrication  system 
were  modified  to  ensure  that  the  velocities  were  sufficient  to  penetrate  the  bearing 
windage  barrier  and  to  provide  sufficient  flow  to  cool  the  bearing.  An  oil-jet 
velocity  of  57  ft/sec  is  used  to  inject  the  oil  into  the  bearings  against  the  windage 
barrier  generated  by  the  rotation  of  the  bearing  at  20,000  rpm. 

d.  The  test  stand  lubrication  system  was  modified  to  provide  305^ 
more  flow  and  greater  pressvire,  necessary  for  the  modified  Jet  system  described 
above,  and  to  provide  increased  scavenge  capacity  to  remove  the  oil  (scavenge  flow 
capacity  was  three  times  the  supply) .  In  addition,  the  oil  systc::  did  not  reuse  oil, 
but  pumped  oil  from  a  supply  tank  to  a  scavenge  tank  to  avoid  bea.:  Ing  contamination. 

e.  Axial  thrust  measuring  sleeves  were  designed  and  installed  in 
the  bearing  housing  of  each  turbopump  assembly. 

f.  The  fuel  and  oxidizer  pumps  were  operated  with  four  return -to- 
suction  thrust  balance  lines  to  reduce  thrust  balance  cavity  pressure  and  the 
accanpanying  social  thrust. 
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XII,  C,  Turbopujnp  Develoisieirt  Prograoi  (cont.) 

As  a  result  of  these  design  changes,  the  performance  of  the  pumps  In 
the  modified  configuration  was  highly  satisfactory  and  consistent.  The  fuel  pump  used 
to  test  hardware  on  this  contract  was  on  the  test  stand  continuously  for  l5  months, 
without  disassembly  or  Internal  Inspection.  During  this  period  It  was  started  39 
times,  and  ran  full-duration  30  times.  Subsequent  disassembly  and  inspection  of  this 
pump  showed  no  abnormalities,  and  it  was  capable  of  further  tests.  Because  of  the 
troubles  previously  encountered  with  the  oxidizer  pump.  It  was  disassembled  and 
Inspected  several  times  to  verify  that  It  was  In  good  condition. 

l^.  Turbopump  Failure— Test  1.2-02 -YAM-021 

Using  the  new  turbopump  configuration,  analyses  were  performed  to 
determine  the  pump  operating  point  and  corresponding  axial  thrust  for  each  thrust 
chamber  configuration  and  chamber  pressure  planned  for  evaluation  In  the  test  program. 
It  was  determined  that  the  axial  thrust  was  within  allowable  limits  for  most  of  the 
hardware  to  be  evaluated,  but  that  under  the  flow  and  h^td-rlse  conditions  required 
for  certain  cooled  TCA  configurations,  the  thrust  would  be  too  high  In  the  oxidizer 
turbopump.  It  was  decided  to  design  a  new  Impeller  and  diffuser  for  these  specific 
tests  In  which  extended  back  vanes  were  used  to  reduce  the  high  axial  IoeuI  attendant 
with  the  standard  Impeller.  This  new  configuration  was  subsequently  fabricated  and 
evaluated  by  component  testing  In  which  an  electric  motor  was  used  to  drive  the 
Impeller.  Test  results  Indicated  the  configuration  would  perform  satisfactorily 
under  the  turbopump  operating  conditions. 

The  first  test  with  the  oxidizer  turbopump  which  incorporated  an 
extended  backvane  impeller  was  performed  on  ^  January  1965.  Thi'»  test,  1.2 -02 -YAM-021, 
W8is  an  evaluation  of  the  cooled  throat  and  exit  cone  at  3000  psla  chamber  pressure. 

The  oxidizer  pump  discharge  pressxire  required  for  this  test  was  substantially  higher 
than  required  for  previous  TCA  testing  (4444  psig  compared  to  3400  psig) .  This  test 
concluded  with  the  destruction  of  the  oxidizer  turbopump.  The  failure  analysis 
performed  and  the  decisions  reached  for  future  testing  are  related  In  the  following 
paragraphs. 
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XEI,  C,  Turbopump  DevelopoittUt  Program  (sont.) 

i^urbopuiitp  componer.'^a  were  checked  for  rjaulative  deflectiojcs  as  this 
could  result  in  a  reduction  in  clearances,  -il^is  analysis  indicated  a  possible  cleeir- 
ance  reduction  of  from  O.O307  to  C.C462  in.  Build-up  clearance  was  O.C35  in«; 
therefore,  interference  was  possible. 

An  analysis  of  inducer-blade  loading  showed  that  on  the  basis  of 
one  pressure-leading  profile  of  an  assrjnblad  blade,  the  benlirg  stress  could  have  been 
as  high  as  83^500  psi,  which  is  in  excess  of  the  65,000-psi  ultimate  strength  of  7^75 
T652  forging. 

-  Start-trarsient  data  show  a  ro’jgh  thrust  chamber  start,  which 
reflected  back  to  the  tijrbop.:mp  as  large  press'ure  oscillations. 

Competrisons  with  previous  failures  show  a  unique  area  of  failure  in 
the  rupturing  of  the  sirction  housing. 

Ro  abnoruc  uties  were  uncovered  durirjg  reviewing  of  the  assembly  and 
test  stand  installation. 

The  possibility  of  fatigue  failure  was  investigated;  it  was  calculated 
that  operation  at  the  resonant  frequency  for  approximately  55  sec  is  possible  before 
failure  will  occur. 

On  the  basis  of  the  results  of  the  investigations  perfornied,  it  was 
concluded  that  the  failure,  was  caused  by  the  impeller  rabtir.g  the  mating  shroud  as 
a  result  of  either  component  deflections  or  by  an  impe.Iler-inducer-vane  failure. 

Or.  the  basis  of  the  analyses  performed,  together  with  program  cost 
and  time  considerations,  the  following  recommendations  were  made  for  future  high- 
pressure  oxidizer  turbopump  operation: 
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HI,  C,  Turbopump  Developnent  Program  (coot.) 

(1)  Use  the  origlml  OTPA  configuration  (without  extended 
backvane  is^Uer)  for  all  future  testing.  This  TIA  configuration  has  character- 
iatlcaliy  high  values  of  shaft  axial  thrust;  however,  no  difficulties  have  been 
experienced  in  its  present  configuration.- 

(2)  Limit  discharge  pressure  to  3)6^0  pslg  (which  keeps  the 
axial  thrust  below  the  maximum  allowable). 

(3)  Limit  suction  pressure  to  ^00  psla,  with  a  recirculation 
line  Installed  to  minimize  pressure  oscillations. 

(U)  Operate  at  a  minimum  =  0.0^0  and  maximum  =  O.066. 

These  recommendations  were  followed  for  the  remainder  of  the 
Contract  AF  04(6ll)-8l91  test  program.  Bo  additional  failures  were  encountered;  the 
turbopump  operated  satisfactorily  during  all  tests. 
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Test  Engine  Schematic  Diagram 


Figure  XII-A-1 
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Fuel  Turbopump  Installation,  Test  Stand 
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Uncooled  Thrubt  Chamber  Assembly  Installed  on  lest  Stand  H-3 
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Figure  XII-A-6 


Cooled  Throat  and  Exit  Cone  Installed  on  Test  Stand  H- 
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Figure  XII-A-8 
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Figure  XII-B-1,  Sheet  2  of  2 


Typical  Uncooled  TCA  Start  Transient 
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Typical  Uncooled  TCA  Shutdown  Transient 
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Figure  XII-B-2,  Sheet  2  of  2 
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1. 

OTPA 

PN  282910-9 

SN  003 

2. 

FTPA 

PN  282910-19 

SN  004 

3. 

GGA 

PN  223780 

SN  0-13 

Test  Duration:  5*889 

sec 

OTPA  Data 

FTPA  Data 

GGA 

and  Turbine  Data 

^os 

220  psig 

Pfs 

230  psig 

gg 

390  psig 

^od 

3290  psig 

Pfd 

3157  psig 

^oti 

352  psig 

Po 

1.45 

Pf 

0.89 

^oti 

1275 °F 

Qo 

706  gpm 

Qf 

417  gpm 

Pfti 

300  psig 

Nto 

16,112  rpm 

Ntf 

20,890  rpm 

Tfti 

1160 ®F 

q/n* 

0.0438 

q/n* 

0.0199 

^ot* 

12.5  Ib/sec 

1.87  X  lO"^^ 

AH/n2* 

1.71  X  lO'^^ 

*ft" 

10,7  Ih/sec 

^id 

2209  DSig 

^id 

2339  psig 

^og 

6.3  Ib/sec 

^drd 

3257  psig 

^drd 

3155  psig 

*fg 

16.9  Ib/sec 

^gg 

0.373 

Comments 

:  P  = 

Specific  Gravity 

Pid  = 

Impeller  Discharge  Pressure 

^drd  = 

Diffuser  Ring  Discharge  Pressure 

*  = 

Calculated  Data 

Pumping  System  Data,  Test  1.2 -02 -YAP-001 
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1. 

OTPA 

EN  282910-9 

SN  003 

2. 

FTPA 

PN  282910-19 

SN  004 

3. 

GGA 

PN  223780 

SN  0-13 

Test  Duration:  7.226  sec 

CTPA  Data 

FTPA  Data 

GGA 

and  Turbine  Data 

Pqs 

2l6  psig 

Pfs 

222  psig 

453  psig 

^od 

344o  psig 

Pfd 

4l40  psig 

Poti 

420  psig 

Po 

1.4l 

Pf 

0.89 

'^oti 

1280 “F 

8l6  gpm 

Qf 

479  gpm 

Pfti 

295  psig 

Ho 

16,500  rpm 

Ntf 

22,450  rpm 

Tfti 

1210*^ 

q/n* 

0.0495 

q/n* 

0.0213 

Wot* 

16.1  Ib/sec 

1.89  X  lO"^' 

’  AH/n2* 

1.99  X  lO'*'^ 

Wft* 

11.2  Ib/sec 

^id 

2320  psig 

Pid 

3100  psig 

» 

Wog 

7.46  Ib/sec 

^drd 

3400  psig 

Pdrd 

4l80  psig 

Wfg 

19.8  Ib/sec 

MPgg^ 

'  0.377 

Comments 

:  P  = 

Specific  Gravity 

^id  = 

Impeller  Discharge 

!  Pressure 

^drd  = 

Diffuser  Ring  Discharge  Pressure 

*  =  Calculated  Data 


Pumping  System  Data,  Test  1.2-02-YAP-002 
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1. 

OTPA 

PN  282910-9 

SN  003 

2. 

FTPA 

PN  282910-19 

SN  004 

3. 

GGA 

PN  223780 

SN  0-13 

Test  Duration:  5 -16 

sec 

OTPA  Data 

FTPA  Data 

GGA  and 

Turbine  Data 

Pqs 

209  psig 

Pfs 

218  psig 

PCrrcr 

gg 

500  psig 

Pod 

3897  psig 

Pfd 

3685  psig 

^oti 

470  psig 

Po 

1.40 

Pf 

0.89 

Toti 

1350 “F 

Qo 

886  gpn 

Qf 

450  gpoi 

Pfti 

240  psig 

Nto 

17,400  rpn 

Ntf 

20,970  rpm 

■^fti 

1240 *F 

q/n* 

0.051 

Q/N* 

0.0215 

Wot* 

17.4  Ib/sec 

Ah/n^* 

1.93  X  lo"^^  Ah/h^* 

2.03  X  lO'^^ 

Wft^ 

8.89  Ib/sec 

Pid 

3460  psig 

Pid 

2710  psig 

Wog 

7.5  Ib/sec 

Pdrd 

3850  psig 

Pdrd 

3670  psig 

Wfg 

18.8  Ib/sec 

MRgg 

o.4o 

Comments 

:  P  = 

Specific  Gravity 

Pid  = 

Impeller  Discharge  Pressure 

Pdrd  = 

Diffuser  Ring  Discharge  Pressure 

*  = 

Calculated  Data 

Pumping  System  Data,  Test  I.P-OP-IAP-OOS 
Figure  ni-C-4 
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1. 

CTPA 

FN  282910-9 

SN  003 

2. 

FTPA 

282910-19 

SN  004 

3. 

GGA 

PN  223780 

SN  0-13 

Test  Duration:  5*217 

’  sec 

OTPA  Data 

FTPA  Data 

GGA 

and  Turbine  Data 

Pos 

200  psig 

V> 

1 

215  psig 

^gg 

468  psig 

Pod 

3591  psig 

Pfd 

3486  psig 

^oti 

440  psig 

Po 

1.42 

Pf 

0.89 

^oti 

1330 “F 

Qo 

848  gpm 

Qf 

44o  gpm 

Pfti 

225  psig 

Nto 

l6,800  rpm 

Ntf 

20,440  rpm 

Tfti 

1200 *F 

q/n* 

O.’. 

1.925  X  10" 

Q/N* 

0.0215 

2.01  X  10"5 

Wot* 

Wft* 

16.2  Ib/sec 

8.27  Ib/sec 

Pid 

2980  psig 

^id 

2690  psig 

^og 

7.16  Ib/sec 

Pdrd 

3550  psig 

Pdrd 

3450  psig 

Wfg 

17.3  Ib/sec 

MRgg 

0.4l4 

Comments 

:  P  = 

Specific  Gravity 

Pid  =  Impeller  Discharge  Pressure 
Pdrd  =  Diffuser  Ring  Discharge  Pressure 
*  =  Calculated  Data 


Pumping  System  Data,  Test  l,2-0<2 -YAP-004 
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1. 

OTPA 

PN  282910-9 

SN  005 

2. 

FTPA 

PN  282910-19 

SN  004 

3. 

GGA 

PN  230196-1 

SN  0-13 

Test  Duration:  5.219  sec 

OTPA  Data 

FTPA  Data 

GGA  and  Turbine  Data 

^og. 

270  psia 

Pfs 

271  psia 

^gg 

428  psia 

Pod 

3105  psia 

Pfd 

3267  psia 

^oti 

398  psia 

Po 

1.40 

Pf 

0.88 

^oti 

1238“? 

Qo 

878  gpo 

Qf 

497  gpm 

Pfti 

290  psia 

Nto 

15,7^0  rpm 

Ntf 

21; 050  rpm 

Tfti 

1080 “F 

q/n* 

0.0558 

q/n* 

0.0236 

*ot* 

16.11  Ib/sec 

AH/N^ 

1.885  X  10'5 

1.770  X  10'^ 

Wft* 

12.33  Ib/sec 

^’id 

2355  psia 

^id 

** 

Wog 

7.80  Ib/sec 

Wfg 

20.65  Ib/sec 

MEgg 

0.378 

Ccanipents:  P  =  Specific  Gravity 


Pid  =  Impeller  Discheurge  Pressure 
Pdrd  =  Diffuser  Ring  Discharge  Pressure 
*  =  Calculated  Data 
=  Invalid  Data 


Pumping  System  Data,  Test  1.2 -02 -YAP-005 
Figure  XII-C-6 
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Final  Turbopump  Assembly  Design 


Figure  XII-C-7 


